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FOREWORD

The Lunar Orbiter I1 final report is divided into six volumes as follows.

Volume [ Mission Summary

Volume I1 Photography

Volume II1 Mission System Performance

Volume IV Extended-Mission Operations

Volume V Extended-Mission Spacecraft Subsystem Performance
Volume VI Appendices

Volume | summarizes the photographic mission concepts and conduct, system perform-
« ance, and results. Volume II contains the mission photographic planning and conduct
+ and a description and analysis of the photos obtained during Mission Il together with
" photo supporting data. Volume III contains a discussion and performance analysis of
¢ the Lunar Orbiter and its subsystems. It also includes launch operations, flight conduct
and flight path control information, as well as discussions of the anomalies encountered
during the mission. Volume IV summarizes the operational reports covering the extend-
ed mission. Volume V contains a discussion and analysis of the spacecraft perform-
ance and of the experiments conducted and anomalies encountered during the extended
mission. Volume VI contains selected detail data and information in support of the
analyses presented in Volumes 11 and I11.

Descriptions of the Lunar Orbiter hardware will be found in the Lunar Orbiter I Final
Report, Boeing Documents D2-100727-1 through -6.
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LUNAR ORBITER 11

3.0 MISSION SYSTEM PERFORMANCE

3.1 LAUNCH OPERATIONS

The Launch Operations Plan (LOP), Lockheed Missiles and Space Company Document
LMSC-A751901A, provided the primary planning for overall space vehicle program
direction through the lunar preinjection phase of Lunar Orbiter 11 flight. This docu-
ment served as the basis for directing the activities required to achieve and evaluate the

flight objectives, launch critera and constraints, and implementation of preflight tests,
checkouts,and launch of the space vehicle.

The launch operations plan followed during Mission 11 was identical to that used in the
Mission | launch. A description of the Launch Operation organization and supporting
launch/postlaunch tracking and communication facilities is contained in the Lunar

Orbiter Mission I Final Report, Section 3.3.1, “Launch Operation Plans” and 3.3.2,
“*Base Facilities.”

3.1.1 SPACECRAFT PROCESSING

Spacecraft 5 arrived at Cape Kennedy on June 10, 1566, to serve as backup for the
Mission I flight article, Spacecraft 4. Upon arrival it was moved to Hanger “S’ to
initiate processing of the spacecraft for the backup function. On July 6, the spacecraft
was moved to the Explosive Safe Area (ESA) where processing continued until August 5.
At that time, it was returned to Hanger 'S for storage until required for Mission II.

On August 26, Spacecraft 6 arrived at Cape Kennedy for testing as a backup to Space-
craft 5.

On August 30, Spacecraft 5 was removed from storage to perform rework required to
satisfy flight acceptance requirements and to incorporate modifications to preclude re-
currence of anomalies experienced in Spacecraft 4. On October 31, the spacecraft was
transferred to Launch Pad 13 and mated to the Agena. The simulated launch count-
down was performed on November 3, 1966, with launch readiness confirmed at 1330
EST. No operations readiness test (ORT) was performed for this mission.

3.1.1.1 Hangar “S”

The standard sequence of tests as outlined in the Mission I report was performed on
Spacecraft 5 during Mission I preparation. On August 30, the spacecraft was removed
from storage and retested (Figure 3.1-1) as indicated in Table 3.1-1. In addition,
special tests in accordance with Table 3.1-2 were performed. The purpose of these tests
was twofold: to determine if interim degradation had occurredand to test the subsystems
which had been changed as a result of Mission I experience. Refer to Table 3.1-3 for
a summary of differences from Spacecraft 4. A detailed listing of the retests performed
is contained in Boeing Document D2-100389-5, Volume V, Technical Compliance Review
Summary Report, Spacecraft 5.

The retests disclosed that the star map output had apparently shifted; accordingly the
star tracker was returned to the vendor. The difficulty was in the star tracker test set.
The star tracker was reinstalled and successfully tested.

All retests and special tests were satisfactorily concluded.



Table 3.1-1: Hangar 'S And ESA Spacecraft Retests

Location Test Title
Hangar *S”’ | Spacecraft Alignment Verification
Hangar "'S’" | Pre-Power ““ON”’ Check
Hangar **S’’| Initial Test Setup
Hangar S’} Initial Conditions/ Readiness Test
Hangar “S” | Radiation Dosage Measurement System
Hangar S” | Attitude Control Functional Test
Hangar *S” | Velocity Control Subsystem
Hangar 'S’ | Power Subsystem Performance
Hangar S’ | High-Gain Antenna Position Control Camera Thermal Door Operation,
and Antenna Deployment
Hangar ''S” | Solar Panel Test and Low-Gain Antenna Alignment
Hangar S’ | EMD Reflectance Test
Hangar *S” | Spacecraft/ Hangar **S"’/DSIF-71 Checkout
ESA Spacecraft Regulator and Leak Test
Table 3.1-2: Spacecraft Special Tests
L.ocation Test Title
Hangar "'S” Ranging Mode II and R. F. Probe
Hangar S” Connector Pin Verification
Hangar ' S” Camera Thermal Door Test
Hangar *S” Attitude Control Functional Test
Hangar **S” High-Gain Antenna Position Control
Hangar “S” Canopus Tracker Field of View
Hangar “S" Command Time Delay
Hangar **S” Engineering Model Photo Subsystem Test
Hangar 8" Spacecraft Command Sequence Test
Hangar **S” Command Decoder Plug Retest
ESA Spacecraft Regulator and Leak Test
Hangar 8" Transistor Panel and Power Resistor Test
Hangar **S” Fuel Fill Valve Leak Rate Test
Hangar *S” Solar Panel Illumination Test
Hangar "*S” CST/STTS Star Map Test
Hangar *S” Modulation Index Test
Hangar "S” High-Gain Antenna Operation and Plug Continuity
Hangar *'S” Photo Subsystem (P/S No. 6)/Spacecraft V/H Test
Hangar ' S” EMD Paint Coupon Test
Hangar *S” Camera Thermal Door (Open/Close) Test
Hangar “S” Programmer Memory Core Verification Test
Hangar *'$” TWTA Power Qutout Test
ESA Pressure Transducer Checks
Hangar “'S” Camera Thermal Door Star Wheel Check
ESA Accelerometer Aliveness Check
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Table 3.1-3: Summary Of Differences From Standard Flight Spacecraft

Subsystem

Part Number

( Lunar Orbiter 11)

( Lunar Orbiter 1)

Remarks D

Photo Subsystem

Camera

Structure and
Mechanisms

Thermal Coating

Coupon
Installation

Equipment
Mounting
Deck

Paint Coupon

Attitude Control
Subsystem

IRU

Canopus Tracker

Communications
Subsystem

Low-Gain
Antenna

Power Subsystem
Solar Panels

1200-100

25-55211-1
No Part

Number Change

25-51848-4

1512469-506
(10-70053-1)

No Part Number
Change

25-50937-12

No Part Number
Change

1200-100

1512469-905
{10-70053-1)

25-50937-11

Ref. EK Data Package
for P/S No. 6 and
meeting minutes
2-1572-02-2908 dated
10/8/66 and 2-1572-
02-2934 dated 10/14/
66.

Incorporated KCM-
1.O-1-0556, " Thermal
Coating Coupon Test”

Incorporated ECM-
LO-1-0558, EMD
Painting’’

Added Faint Coupons-
Ref. LLO-1-0556,
" Painting”

Incorporated (M-
[.(-1-0544, " Klimina-
tion of Noise Spikes
in IRU, RIM™

(onducted test per
ECM-LO-1-0557,
“Stray Light Test”

Incorporated EC M-
LO-1-0557." Stray
L.ight Test”

Incorporated KU M-
[LO-1-06587, "' Stray
L.ight Test™

The items noted in the " Remarks’ column are either physical differences between

Lunar Orbiter I and Lunar Orbiter

II which have resulted from design

changes, or equipment that is to be installed at a later date. The part number
noted under the ‘““Lunar Orbiter I” and ‘Lunar Orbiter II"* part number
columns are part number differences, if a part number difference exists.




3.1.1.2 Explosive Safe Area (ESA)

On October 17, the spacecraft was moved to the Explosive Safe Area (ESA 5/6). This
area is so designated because it is away from the main industrial area and provides
minimum hazard to personnel and equipment during potentially hazardous operations
on the spacecraft. The layout of the fuel servicing building and the entire ESA are
shown in the final report for Mission 1. Table 3.1-4 lists tests performed at the ESA.

The fuel system was rechecked for leaks and the regulator system pressure was verified.

The fuel, oxidizer, and nitrogen loading was accomplished on October 18 and 19 with-
out incident.

On October 23, the photo subsystem - - which had been purged, loaded with flight film,
pressurized, and tested as a component - - was loaded and aligned on the spacecraft.

Flight batteries were installed and final weight and balance checks were completed on
the spacecraft.

Table 3.1-4: Explosive Safe Area Tests

Test Title

Photo Subsystem Launch Preparation
Spacecraft Regulator and Leak Test
Propellant Servicing

Nitrogen Servicing

Photo Systemn Installation and Alignment
Weight and Balance Verification

Battery Verification

Camera Thermal Door Verification
Pressure Transducer Checks

Accelerometer Aliveness Test

Spacecraft Operational Check with DSIF-71
Ordnance Check and Hook-Up

Agena Adapter Installation

Thermal Barrier Installation

Nose Fairing Installation

Spacecraft Operational Check with DSIF-71
Transport Spacecraft (ESA to Pad )

On October 25, a test was run to verify spacecraft operation compatibility between
DSIF-71 and ESA. The test was satisfactorily completed; however, it was noted via
telemetry that the nitrogen gas (Ng), fuel, and oxidizer tank pressures were below the
recorded pressures following initial tank pressurization. These pressure differences
were attributed to the temperature change that had occurred following pressurization and
"topping.” The Nj tank was “topped off’ again and the pressure remained within
established limits through launch. The oxidizer and fuel tanks were not repressurized
since the pressure remained constant and was within launch requirements.

The Agena adapter, thermal barrier, and spacecraft shroud (nose fairing) were installed
in preparation for the second DSIF-71 to ESA test. During the DSIF test on October
28 and 29, the photo subsystem pressure read 15.2 psia instead of the previously noted
16.6 psia. All other tests were completed satisfactorily. The shroud, thermal barrier,




and photo subsystem P/S were then removed so that the P/S could be transported to
Hangar S.” A leak was found in the photo system pressure shell, the shelli was re-
paired, rechecked, and the P/S was reinstalled in the spacecraft.

On October 31, the shroud was again installed. The encapsulated spacecraft was trans-
ported from the ESA to the launch pad and installed on the launch vehicle.

During the entire period after October 23 when the flight film was loaded in the photo
subsystern, it was necessary to maintain the P/S temperature at below 55°F. Figure
3.1-1 shows the encapsulated spacecraft, its thermal blanket, and spacecraft cooler en-
route to the launch pad from the ESA.

3.1.1.3 Launch Pad 13

Spacecraft processing continued normally after shroud reinstallation. The move from
the ESA to the launch pad was made during the evening without incident. Table 3.1-5
lists tests performed at Pad 13.

The spacecraft was mated to the Agena and tests were run to verify impedance and
interface compatibility. Control was checked from the blockhouse with ground power
in the base of the launch pad applied to the spacecraft. Two-way phase lock from the
van to the spacecraft was satisfactorily obtained. After demonstration of spacecraft

Figure 3.1-1: Spacecraft Transporter

5



operational compatibility with DSIF-71, the flight vehicle was deemed ready for simu-
lated launch on November 3, 1966.

Table 3.1-5: Launch Area Tests

Test Title

Spacecraft to Adapter and Agena Matchmate
Van, Blockhouse, and Spacecraft Interface Verification

Lunar Orbiter Spacecraft - - Second Flight Spacecraft - -
Initial Pat Tests

Lunar Orbiter Spacecraft - - Second Flight Spacecraft - -

Simulated Launch

3.1.2 LAUNCH CONDUCT

The launch plan, activities, facilities, and participating organizations were similar to that
for Mission I (Spacecraft 4). Specific information may be obtained from Paragraph 3.3,
" Launch Operations,”” of the Mission I final report.

3.1.2.1 Launch Criteria

Launch criteria and space vehicle preparation were governed by the Launch Operations
Plan LMSC A751901a. Although Spacecraft 5 had been tested and used as a backup
to Spacecraft 4, it was necessary to retest it for Mission Il in accordance with the re-
quirement of Section 5.0 of Boeing Document D2-100111-3, Spacecraft Test Specifi-
cation - - Eastern Test Range - - Lunar Orbiter.

Significant milestones described in Table 3.1-6 were satisfactorily completed by Space
craft 5 in preparation for launch.,

Table 3.1-6: Spacecraft Prelaunch Milestones

Date Complete

Event

October 4, 1966
October 7, 1966
October 12, 1966
October 13, 1966
October 17, 1966
October 18-19, 1966
October 23, 1966
October 25, 1966
October 26, 1966
October 28, 1966
October 28-29, 1966
October 29, 1966
October 31, 1966
QOctober 31, 1966
October 31, 1966
November 3, 1966
November 7, 1966

Spacecraft-DSIF-71 Compatibility Retest
Install EMD Paint Coupons and Retest
EMD Repainted

Spacecraft Fueling Cart Preps

Transfer Spacecraft to ESA

Spacecraft Fueling

P/S Installation in Spacecraft

DSIF Check without Shroud
Spacecraft-to-Agena Adapter Matchmate
Spacecraft Encapsulation in Shroud
Spacecraft Checkout

Shroud Demate

Re-encapsulation of Spacecraft

Transfer Spacecraft to Launch Pad
Spacecraft-to-Agena Mate

Simulated Launch

Launch




3.1.2.2 Countdown And Launch
JOINT FLIGHT ACCEPTANCE COMPOSITE TESTS (J-FACT) October 31, 1966

The spacecraft did not participate in the J-FACT for Mission [l. During the test, the
Agena velocity display meter in the blockhouse did not work properly, but a satisfac-
tory readout was confirmed by means of the backup recorders and telemetry. The test
was conducted satisfactorily and all test objectives were met.

SIMULATED LAUNCH TEST NOVEMBER 3, 1966

The simulated launch test commenced as planned at 10:36 EST (T- 460 minutes), and
terminated at 18:54 EST. There were 34 minutes of unplanned hold time and a plan-
ned recycle to T - 7 minutes at T- 19 seconds. The following problems were encounter-
ed.

® The Atlas sustainer engine LOX reference regulator was indicating a high re-
gulating pressure, necessitating replacement of the regulator.

® A small leak developed at the Atlas Bl fuel pump outlet flange, necessitating
replacement of the seals.

® A pinhole leak in a weld seam on the Atlas sustainer low-pressure duct was
observed.

ances appeared on the V1 and V2 pitch, B1 and B2 yaw engine traces. This
anomaly was the result of saturation of the roll gyro nulling loop due to the 11-
degree roll program called for in Launch Plan 6-C. When the normal test con-
figuration of 5-degree roll program was substituted for the 11-degree program.
satisfactory data was obtained.

¢ During guidance command test (GCT) No. 1, a no-go was given when disturb-

e The Agena C-band beacon was no-go for the test because its radiated power
was under range minimum requirements for downrange metric data acquisition.
This beacon was replaced.

The spacecraft simulated countdown began at T - 530 minutes, as governed by require
ments in Boeing Document D2-100626-2, Lunar QOrbiter Spacecraft Countdown, Volume
ITI. A problem with the printer at DSIF-7T caused a delay In acquiring two-way lock
between the spacecraft and DSIF-71 until T - 401.

During checks of the star tracker at T- 455 minutes, a slight amount of noise was
observed on the Canopus star map telemetry channel. Light reflection into the star
tracker from the Sun was believed to be the cause of this anomaly. Positioning of the
service tower outer doors to block all light transmission eliminated the star map noise.
Evaluation of the anomaly indicated light was entering through the air conditioning
exhaust vent located in the nose shroud. Elimination of the light source produced a
satisfactory checkout.

At T - 352 minutes there was an inadvertent firing of the ACS yaw thruster. This was
attributed to activity around the launch vehicle on the service tower.

During traveling wave tube amplifier (TWTA) checkout, a fluctuation of power occurred.
This had not been seen before, but was similar to a condition that had been noted at the
ESA after installation of the shroud on Spacecraft 4 where the apparent TWTA output
had increased. On Spacecraft 5 an apparent decrease had resulted. These effects were
determined to be caused by reflections from the shroud and surrounding environment
which changed the VSWR and resultant output power. The evaluation was later veri-



fied when, after shroud ejection, stable TWTA power was noted via telemetry.
The remainder of the spacecraft simulated countdown proceeded without incident.

LAUNCH, NOVEMBER 6, 1966

The spacecraft countdown, governed by Volume IV of Boeing Document D2-100626-2,
was initiated at T - 530 minutes. In attempting to acquire a two-way lock between the
spacecraft and DSIF-71 at T- 424 minutes, there was a problem with the range in re-
ceiving Agena Channel F data from Tel-2 to DSIF-71. During this period, spacecraft
power was shut down as there was no telemetry monitor available. A work-around
method was incorporated and two-way lock was established at T - 396 minutes. Lost
time was made up by T - 320 minutes.

At T - 285 minutes spacecraft performance analysis and command (SPAC) personnel
noticed that the photo system film takeup reel contents telemetry readout indication was
noisy. The Eastman representative suggested that the potentiometer indicator might be
dirty at the extreme end of its rotation. A decision was made, with NASA concurrence,
to run a short test to try to resolve the problem. A “wing forward” command was
sent and the takeup reel contents indication became stable. No other spacecraft prob-
lem developed during the countdown.

Tower removal and Agena oxidizer tanking were late due to the special check on the
Atlas LOX reference regulator. Since prelaunch testing indicated the I.OX reference

regulator was regulating on the high side, the airborne helium bottles were pressurized
to 2500 psig, which was within specification.

Air conditioning supplied to the spacecraft was stable and the equipment mounting deck
temperature was 42.8°F at liftoff, well within the specified range of 35 to 85°F.

3.1.2.3 Weather

Weather during the launch operation was favorable. A light rain occurred at T - 115
but did not delay the launch. Upper wind shears were within acceptable limits. At lift-
off, the following weather parameters were recorded:

Temperature T2°F

Relative humidity | 19%

Visibility 10 miles

Dew point 65°F

Surface winds 7 knots at 065 degrees

Clouds Cloudy skies (almost overcast)
Sea-level atmosphere 30.170 inches of Hg

3.1.2.4 Tracking Coverage

The Air Force FEastern Test Range (AFETR), Deep Space Network (DSN), and
Manned Space Flight Network (MSFN) are the elements of the tracking and data
system (TDS) that together support the tracking and telemetry requirements for the
Lunar Orbiter I1 launch.
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I'racking during the launch phase consisted of (-band tracking of the launch vehicle
and reception of VHI' and S-band telemetry from the launch vehicle and spacecraft
respectively. Figure 3.1-2 shows AFETR and MSFN uprange coverage for any launch
day.

Tracking data provided to AFETR during the launch phase established (1) the Agena
orbit and the normalcy of spacecraft cislunar injection in real time, and(2)launch
vehicle performance evaluation. This was done by first tracking the Agena stage and
then, after separation, both the spacecraft and Agena. Since the separation velocity was
small, tracking of the Agena stage both prior to and subsequent to separation was valu-
able in determining an early spacecraft trajectory.

Other elements of the TDS received the tracking data to prepare acquisition and pre-
diction data for the Deep Space Stations. Prediction data based upon actual launch
vehicle performance was used during initial acquisition by all stations. The tracking
data supplied by the uprange AFETR and Manned Space Flight Network (MSFN)
radars were processed by the real-time computer system (RTCS) at the AFETR and
station predictions were generated in real time for the AFETR, MSFN, and Deep Space
Stations farther downrange. The AFETR forwarded the tracking data directly to God-
dard Space Flight Center (GSFC) so that GSFC would generate prediction data for the
MSFN stations. These data were also relayed to the Space Flight Operations Facility
(SFOF) for use with Deep Space Station data in calculating the spacecraft trajectory.
The MSFN transmitted Bermuda and Carnarvon tracking data to the AFETR. The
AFETR retransmitted their raw tracking data and that of the MSFN stations to the
SFOF in near-real time.

Tracking coverage for various portions of the near-Earth phase of the launch trajectory
is shown in Figure 3.1-3.

The ability to satisfy the near-Earth phase tracking and telemetry requirements was
strongly dependent upon trajectory characteristics and tracking and data system (TDS)
facilities during that phase. The most dominant trajectory characteristic was the vari-
able location of the cislunar orbit injection point. With the injection taking place up-
range, i.e., in the Atlantic Qcean, the support problems were quite different than for an
injection far downrange in the Indian (Ocean as experienced during Mission I. An
FEarth map with injection loci for the November launch period is presented in Figure
3.1-4. The injection point for the launch of November 6, 1966, on aximuth 92.9 was
near the western edge of Africa in the Atlantic Ocean.

3.1.2.5 Telemetry Coverage

Flements of the TDS received and recorded spacecraft and launch vehicle telemetry dur-
ing the near-Earth phase of the mission (see Figure 3.1-5). Spacecraft telemetry was
received and recorded at both S-band and VHF via the Agena link.

L.aunch vehicle telemetry received by downrange AFETR stations was retransmitted to
Kennedy Space Center, in real time except for Channels 17 and 18, which were subse-
quently retransmitted to KSC within 1 hour of reception.

Spacecraft telemetry was received at the land stations and ships via the Agena link 'and
was retransmitted to DSS-71 and the SFOF in real time. S-band telemetry received
directly from the spacecraft was also transmitted in real time.
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Figure 3.1-2: Lunar Orbiter Uprange Radar Coverage
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3.1.3 LAUNCH VEHICLE PERFORMANCE

‘The first stage of the launch vehicle was an SLV-3 (Atlas) S/N 5802. All SLV-3 flight
objectives were satisfied. This was the tenth S1.V-3 vehicle to be launched from the KTR
and the second vehicle in support of the Lunar Orbiter program.

A satisfactory ascent trajectory was attained. The performance of all Atlas systems was
satisfactory. Atlas-Agena separation was properly accomplished, and good telemetry
data was obtained for Atlas systems analysis.

Atlas-Agena separation was initiated by the autopilot programmer backup signal at
SKECO plus 27.5 seconds rather than the normal guidance discrete due to a longer than
expected vernier phase. The guidance discrete was transmitted 0.26 second after the
autopilot backup signal. Detrimentaleffects were not observed as a result of the auto-
pilot initiation of separation.

The second stage of the launch vehicle was an Agena-D, S/N 6631. The Agena per-
formance was satisfactory throughout the flight. Engine burn durations were longer
than expected for both first and second burn; however, this is explained by the lower
than expected engine thrust. All available data indicated that the vehicle flight tra-
jectory was satisfactory and the velocity errors were well within acceptable limits.

Significant ascent trajectory events and times in seconds relative to initial vehicle (2-
inch) motion are covered in Table 3.1-7.

Table 3.1-7: Ascent Trajectory Event Times
Times {~+ Sec)

Event Nominal Actual
Liftoff ( 2-inch motion) 2321:00:195GN1T
BECO Discrete 129.0 127.993
Booster Flight Lock-in Dropout 128.108
Booster Jettison Conax Valve Command . 131.104
Start Agena Secondary Timer Discrete 269.739
SECO Discrete 287.2 290.683
SECQO Relay 290.690
Start Agena Primary Timer 290.6 292.766
VECO Discrete 307.5 313.997
VECO Relay 314.002
Jettison Shroud 309.5 316.500
Initiate Separation Discrete 311.5 318.204 *
Agena First-Burn Ignition (90" Pc) 364.9 367.0
Agena First-Burn Cutoff 516.8 522.0
Agena Second-Burn Ignition (90°. Pc) 1196.9 1199.1
Agena Second-Bum Cutoff 1283.6 1287.¢
S/U Agena Separation 14524

* Event initiated by autopilot programmer backup signal at SECO pius 27.5
seconds.

15



''he configuration of the Atlas-Agena launch vehicle for Mission II was identical to the
Lunar Orbiter Mission 1 launch vehicle. Details of the Atlas-Agena configuration are
presented in Mission [ report (Boeing Document D2-100727-1, Volume 1) and in the
Lunar Orbiter B Launch Report (Lockheed Document LMSC-274110). The general
space vehicle system configuration is shown in Figures 3.1-6, 3.1-7, and 3.1-8.

- SPACECRAFT AREA (T8C)

—LMSC STA 247
(SPACECRAFT/AGENA
SEPARATION PLANE)

1 \ AGENA VEHICLE (LMSC)

Ao

— LMSC STA 526
GD/C STA 502

—GD/C STA 645

»ATLAS VEMICLE (GD/C)

—GD/C STA 1]

4 —GD/C STA 1210

Figure 3.1-6: Lunar Orbiter Space Vehicle
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Figure 3.1-7: SLV Configuration
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RETROROCKETS (2)
RETROROCKET FAIRING (2)
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PRIMACORD
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Figure 3.1-8: Lunar Orbiter-Agena Basic Configuration
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3.1.3.1 Atlas Performance

The Atlas launch vehicle, S/N 5802, had three primary objectives and one secondary
objective in support of lLunar Orbiter Mission Il. The primary goals were: (1) to
place the upper stage into the proper coast ellipse, (2) to initiate or relay commands
properly for separation of the upper-stage vehicle and start the Agena primary timer;
and (3) to relay commands to the ATLLAS/AGENA interface to jettison the shroud and
start the secondary timer commands of the launch vehicle,

‘The secondary objective was determination of the Atlas performance by using telemetry
data. .

All objectives were achieved successfully.

3.1.3.2 Agena Performance

The second-stage Agena vehicle, S/N 6631, had two primary objectives and one second-
ary objective in support of Lunar Orbiter Mission 1I. The primary goals were (1) to
inject the spacecraft into a lunar-coincident transfer (cisiunar) trajectory within prescrib-
ed orbit dispersions and (2) perform Agena attitude and retromaneuvers following
Agena-spacecraft separation to ensure that the Agena would not, to the specified prob-
abilities, intercept the spacecraft, pass within 20 degrees of the center of Canopus seeker
field of view, or impact the Moon. The secondary aim of the Agena vehicle was to
provide tracking and telemetry data for evaluation of Agena performance.

All objectives were satisfied. @The Agena engine performance was less than predicted,
but was within the 3-sigma allowable limits. A detailed technical description of the flight
parameters is contained in Document LMSC-274110, Lunar Orbiter B Launch Report,
prepared by the Space Systems Division of Lockheed Missiles and Space Company.
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3.2 FLIGHT OPERATIONS

The primary objective of Mission 1 was to obtain topographic information of specific
lunar areas to assess their suitability for use as Apollo and Survey landing sites. Other

objectives were;

e Improve the knowledge of the lunar topography in areas outside the Apollo
area of interest.

e Improve the definition of the lunar gravitational field.

® Provide measurements of micrometeoroid flux and radiation levels in the lunar
environment.

T'o satisfy the mission objectives, thirty sites were selected for photography. Thirteen
potential Apollo sites distributed within the area of interest (=5° latitude and =45°longi-
tude) on the lunar surface were designated as primary sites (I1I1P-1, 11P-2, etc.). Seven-
teen additional sites were designated as secondary sites (11S-1, 118-2, etc.). The location
of photo sites is specified in Table 3.2-1 together with pertinent operational comments.

Table 3.2-1: Photographic Site Locations
Primary Sites
Site Latitude Longitude Comments
HP-1 4°10° N 36°55 E
-2 2°45° N 34° 00’ E
-3 4°20' N 21° 20’ E
-4 4° 45 N 15° 45’ E
-5 2°36' N 24°48'E Ranger 8 impact point
-6 0°45° N 24° 10’ E
-7 2°10° N 2°00' W
-8 0° 05’ N 1°00° W
-9 1° 00’ N 13° 00’ W
-10 3°28 N 27°10°W
-11 0° 05 S 19° 55' W
-12 2°25° N 34°40'W
-13 1°30' N 42°200'W
Secondary Sites

I1S-1 4° 10 N 36° 55’ E To be taken as soon as possible after pri-
mary photography of P-1 without inter
vening maneuvers,

118-2 3°36' N 36° 25’ E Converging stereo at point halfway between
Orbits 52 and 53 (4 frames each) with
three-axis maneuvers and V/H on.

I1S-3 9°5' N 174° 50° E  Farside. Vertical centered on point 20 de-

grees before PM terminator. Roll maneu-
ver only. V/H off.

20




Table 3.2-1: Photographic Site Locations (Cont'd)

Site

1184

I1S-5

I1S-6
1187

11S-8
1189
115-10.2

I1S-11
I18-12
I1S-13
11S-14
I18-15

I1S-16
11S-17

Latitude
5° N

20° S

4° 15 N

0° 05’ N

0° 30° N
2°20° N
3°20°N

4°40°' N

8°00' N

3° 20 N

9° 16’ N

11° 00’ N

2°40' N
7° 25’ N

Longitude
174° E

168° E

4°30 E
1°00 W

12° 50’ E
0° 30’ E
11° 00’ W

2704’ W

20° 00° W.

43° 50° W

100° 17 E

53° 00° W

54° 30’ W
59° 00’ W

Comments

Farside. Oblique northerly with southern
edge of wide-angle frame centered on point
20 degrees before PM terminator with hori-
zon just included at northern edge of frame.
V/H off. Roll maneuver only.

Farside. Oblique southerly with northern
edge of wide-angle frame centered on point
20 degrees before PM terminator with hori-
zon just included at southern edge of frame.
V/H off. Roll maneuver only.

* Oblique from point of closest approach.

V/H on. Three-axis maneuver.

Oblique southerly from peint of closest ap-
proach. V/H off. Three-axis maneuver.

Vertical. V/H on. Three-axis maneuver.
Vertical. V/H on. Three-axis maneuver.
Westerly oblique. Phase angle = 4 degrees
with camera axis above Sunline relative to
site. V/H off. Three-axis maneuver.

Vertical. V/H on. Three-axis maneuver.

Northerly oblique. V/H off. Three-axis
maneuver.

Vertical. V/H on. Three-axis maneuver.
Farside. Vertical centered on point 20 de-
grees before PM terminator. Roll maneuver
only. V/H off.

Northerly oblique. V/H on. Three-axis
maneuver.

Vertical. V/H on. Three-axis maneuver.

Northerly oblique. V/H on. Three-axis
maneuver. '

3.2.1 FLIGHT PLAN
3.2.1.1 Introduction

The flight plan prepared to satisfy the aforementioned Mission II objectives was pub-
lished in Boeing Document D2-100149, Volume 3 (P-8A) Flight Operations Plan, Lunar
Orbiter, dated October 21, 1966.
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This mission employed a nominal trajectory with liftoffon November 7, GMT during the
launch period from November 6 through November 11, 1966.

A nominal 90-hour cislunar trajectory was planned, with midcourse correction scheduled
at 28 hours and 70 hours after injection into the cislunar trajectory. A plane change of
6.15 degrees was scheduled at injection into the initial lunar orbit.

Approximately 8 days waiting time was possible from initial orbit injection until photo-
graphy of the first of the 30 photo sites in the final orbit phase. Following photography
there was a requirement for readout of 216 frames of film, which dictated a mission dura-
tion of 36.7 days.

3.2.1.2 Preparation

‘The preparation of this flight plan became a time-critical item due to late changes in the
mission specification. Major changes, involving relocation of all primary targets, were
received as late as 10 days before deployment of operations personnel for premission
training exercises. To effect release of the operational plan before training started, it
was necessary to proceed with operational planning before mission design was complete
and to postpone an operational review of the plan until after its release. There were,
however, relatively few changes to the published plan. The most significant was the
ingertion of additional information to better define command loading requirements by
specifying the photo sites covered by each major command sequence. Also, the FPAC
director requested transfer into final orbit earlier than planned to permit more time to
prepare for photography of the first site.

3.2.1.3 Mission I/ Misston II Comparisons

The Mission 1l plan was similar to that prepared for Mission I in that they were both
intended for a distributed target mission designed to satisfy the same general objectives.
Significant differences in the Mission II plan as compared to that for Mission | were as
follows:

e There was no requirement for photography in initial lunar orbits. Consequently,
the Mission Il activities, particularly the command activities associated with
photography and subsequent film movement, were considerably reduced in that
phase of the mission.

® Spacecraft and operational crew activity in the photo phase of Mission Il was
greater due to the requirement to photograph three additional primary sites and
17 secondary sites. Secondary sites were not included in the plan for Mission I,
although some were identified and photographed during the mission.

® In the majority of cases, the Mission 11 plan called for photography of each
primary site with multiple eight-frame sequences taken on successive orbits;
whereas single 16-frame sequences were employed for Mission 1.

® The Mission 1l plan provided greater film budgeting flexibility by maintaining
four frames in the camera storage looper at all times, This was designed prim-
arily to facilitate inflight adjustment to the timing of photography without dis-
ruption of subsequent film budget planning.

e A simplified bar chart output of the sequence of events computer program
(SEAL) was used to satisfy the event sequence requirements in the Mission II
plan. The Mission I plan also included detailed event lists.
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® (Overlapping DSS tracking coverage was reduced considerably in the Mission Il

plan.

However, two-station coverage was available during velocity maneuvers,

and for three-way doppler, and time correlation activities.

passage after lunar injection.

3.2.1.4 Significant Events Summary

Table 3.2-2 contains a summary of the most significant activities reflected in the Mission
IT flight plan and the times of these activities.
bered sequentially throughout the mission, with Orbit 1 commencing at the first apolune
This was the numbering system used during the mission,
whereas the initial release of the flight plan showed orbits numbered sequentially com-
mencing with Orbit 1 in both the initial and final orbit phases of the mission.

It should be noted that orbits are num-

Table 3.2-2: Significant Events Summary

Time
i Lvent
Planned * Actual Orbit E
311:00:26 310:23:21:00.2 Liftoff
311:00:30 310:23:23:08.4 Atlas Booster Engine Cutoff (BECO)
311:00:34 310:23:27.07.2 Agena first burn ignition
311:00:42 310:23:40:59.1 Agena second burn ignition
311:00:44 310:23:41:12.0 Cislunar injection
311:00:47 310:23:46 Spacecraft separation-start
Deployment

310:23:48:49 DSS-51 one-way rf lock

310:23:51:53 DSS-51 two-way rf lock

311:00:12:15 DSS-41 one-way rf lock

311:00:30:00 DSS-41 two-way rf lock
Sun acquired prior to data
retrieval at DSS-41

311:02:00 311:01:15 Start gyro drift rate test no. 1
311:06:50 Completed first star map and antenna map
311:07:00 311:06:48 Start Canopus acquisition (Roll 360°)
311:08:21 Canopus acquired.
311:10:10 311:08:34 Start gyro drift rate test no. 2
311:11:20 311:10:34 Bleed propellant lines

311:16:13 Pitched spacecraft off Sun for first time.
Thermal relief maneuver.

311:23:56 First gyro wheel current transient observed,

312:12:12 Lost Canopus lock when propellant squibs
fired. First midcourse correction delayed.

312:15:50 Canopus reacquired

312:04:20 312:19:19 Start first midcourse maneuver.

312:19:30 Ignition, 1st midcourse, AV: +21.1 mps,
engine burn time: 18.1 sec.

312:21:29 Pitched off Sun for thermal relief.

313:22:20 Second midcourse maneuver (not needed)

314:02:05 Second Canopus loss

314:21:21 314:20:26:37.8 Ignition, lunar orbit injection,
AV: 829.7 mps, engine burn time:
611.6 sec.

314:20:55 Third Canopus loss, due to lunar
reflection.

315:10:00 4 |Started test to evaluate performance of
star tracker when exposed to reflections
from Moon. Conclusion: Operate star
tracker only during sun occultation.
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Table 3.2-2: Significant Event Summary (Continued)

Time
i vent
Planned * Actual Orbit E
315:22:34 Fourth Canopus loss
315:17:24 316:15:13:52 (5) 12| Readout Goldstone test pattern

317:13:40 18 Demonstrated automatic Canopus
reacquisition by stored program
commands. Telemetry indicated
occultation time storage.

317:21:12 20 Pitched off Sun for thermal relief (36
hours). '

318:18:45 26 First of several cycles of increased limit
cycle rates, possibly due to system
electrical noise.

319:12:46 31 First micrometeoroid hit. Pressure
leakage from sensor detected by gyros.

321:18:54 319:22:58:24.5 |(46) 33] Ignition, orbit transfer. AVv:
28.1 mps, engine burn time 17.4 sec.
322:13:56 322:15:24:16 §(51) 52| Photograph Site II P-1
322:14:00 322:15:24:16  |(51) Photograph Site IT S-1
322:15:50 322:17:18:00 |(52) 53] Start first priority readout
(Site II P-1)
322:17:26 322:18:53:59 52 Photograph Site 11S-2a
322:20:54 322:22:23:12 53 Photograph Site I1S-2b
323:01:24 323:02:54:25 54 Photograph Site 11S-3
323:04:52 323:06:22:53 55 Photograph Site 11S-4
323:07:20 323:08:49:42 56 Photograph Site ITP-2
323:14:16 323:15:44:21 58 Photograph Site I1IP-3a
323:17:44 323:19:13:25 59 Photograph Site I1IP-3b
323:21:12 323:22:40:59 60 Photograph Site 11P-4
324:00:40 324:02:12:35 61 Photograph Site IIP-5
324:08:40 324:10:12:17 63 Photograph Site 115-5
324:14:36 324:16:08:48 65 Photograph Site 11P-6a
324:18:08 324:19:37:54 66 Photograph Site I1P-6b
325:01:00 325:02:30:45 68 Photograph Site 11S-6
325:07:56 325:09:27:36 70 Photograph Site 11S8-7
325:14:58 325:16:29:25 72 Photograph Site 11S-8
326:21:52 325:23:24:10 74 Photograph Site 11S-9
326:01:18 326:02:52:35 75 Photograph Site I[IP-7a
326:04:50 326:06:21:36 76 Photograph Site IIP-7b
326:11:46 326:13:17:09 78 Photograph Site 11S-10
326:15:14 326:16:49:08 79 Photograph Site I1IP-8a
326:18:46 326:20:18:11 80 Photograph Site 11P-8b
326:22:14 326:23:14:13 81 Photograph Site IIP-8¢
327.05:04 327:03:09:14 83 Photograph Site [1S-11
327:08:38 327:10:11:15 84 Photograph Site I1P-9
327:12:02 327:13:36:26 85 Photograph Site IIP-10a
327:15:32 327:17:05:30 86 Photograph Site I1IP-10b
327:22:30 328:00:05:41 88 Photograph Site 11S-12
328:01:58 328:07:03:49 89 Photograph Site IIP-11a
328:05:30 328:10:32:53 90 Photograph Site ITP-11b
328:08:54 328:14:58:00 91 Photograph Site 11P-12a
328:12:22 328:17:27:06 92 Photograph Site I1P-12b
328:19:18 329:00:22:55 94 Photograph Site [15-13
329:03:18 329:04:58:04 96 Photograph Site 11S-14
329:05:46 329:07:21:13 97 Photograph Site 11P-13a
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T'able 3.2-2: Significant Event Summary (Continued)

1ime Orbit )
Planned* Actual l Event
329:09:12 329:10:50:17 98 Photograph Site [1P-13b
329:12:40 329:14:16:08 99 Photograph Site 115815
329:19:36 329:17:45:15 101 Photograph Site [I5-16
329:23:06 329:21:12:53 102 Photograph Site 118-17
330:03:44 330:08:58 (103) 105] Cut Bimat
330:06:28 330:15:06 (104) 107] Start Final Readout

341:01:16 179 TWTA failed to turn on, terminating
readout.

347:17:00 224 Mission complete.

* Per Nominal P8A Mission, D2-100149 Vol 111 ( P8A:)

3.2.2 FLIGHT CONDUCT
3.2.2.1 Spacecraft Control

Paragraphs 3.2.2.1.1 and 3.2.2.1.2 describe, respectively, the command programming
and photography controls established to meet the requirements of the flight plan (refer-
ence Paragraph 3.2.1). These paragraphs include descriptions of personnel activities
as well as recommendations for future missions. Special attention should be given to
the fact that Mission 11 control was significantly more effective than Mission I control.
'This was due primarily to the addition of off-line command programmers and to the
successful efforts of the flight operations teams to follow the mission plan as closely as
possible. Where deviations to the plan were required, they were documented in opera-
tions directives and revision instructions to the mission plan.

3.2.2.1.1 COMMAND PROGRAMMING
Summary

As of 22:00 GM'T on December 8, a total of 3,571 commands had been prepared and
transmitted to the Lunar Orbiter 11 spacecraft in flight and executed without incident.
Approximately 50 extra commands that were transmitted as backup commands were not
executed.

Despite the more complex schedule of photo activity of this mission compared to that of
l.unar Orbiter I, command preparation activity proceeded smoothly and on schedule.
This was due to adherence to premission planning, better scheduling of core maps,
doubling the number of command programmers, and strict adherence to SPAC pro-
cedures.

Premission Activity

The most complex portions of Mission II were analyzed from the standpoint of flight
programmer considerations. This resulted in a definition of the functions to be included
in each core map and a schedule of core map loading, to be used also by FPAC and
mission control personnel to plan their activities.

(‘ountdown commands and Mode 2 commands for Mission 11 had been prepared and
sent to the appropriate stations during the final readout phase of Lunar Orbiter I.
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Launch plan commands were sent to Cape Kennedy (DSS-71) during Mission 11 train-
ing.

Mission Activity

Command preparation activity was divided into two parts: off-line planning and on-
line command preparation. During the peak activity periods of the mission, there were
one off-line and one on-line command programmer on each team.

Using the {ilm budget and core map schedule of the mission plan, the off-line pro-
grammer planned the layout of each core map and defined the contents of each
command sequence. He prepared a planning map and an event flow chart for use by
the on-line programmer in preparing commands. The chart was used as an aid in
tracing command sequences through the flight programmer. He also prepared a detail-
ed spacecraft event sequence with the GMT of major events to be reviewed by SPAC

analysts, mission control, and the mission advisors for their confirmation of the planned
sequence.

Off-line planning for each map started approximately 14 to 16 hours before the schedul-
ed transmission of the map and ended by the time of the preliminary command con-
ference 7 hours before transmission. Occasionally it was necessary to schedule the
transmission of portions of a map during different transmission windows because there
was not room in the core for all the commands at once.

Deviations from the mission plan were incorporated only by means of revision instruc-
tions to the film budget due to tracking data, or upon receipt of an operations directive
from the SFOF. Strict adherence to this procedure stabilized command preparation
activity throughout the entire mission.

Using the plans of the off-line programmer, the on-line programmer prepared the com-
mands to be transmitted to the spacecraft. Data for this activity (camera or engine-on
time, maneuver magnitudes, camera mode, etc.) was given to the on-line programmer
in a command preparation directive following the preliminary command conference. Im-
proved forms for these directives, correcting deficiencies of those used in Mission 1.
were quite satisfactory. The directives were issued in accordance with standard SPAC
procedures.  These forms were the only ones accepted by the on-line programmer in
making command generation computer program (CQOGIL) runs. Any changes in com-
mand information required a revised directive.

COGL activity was completed and Mode 1 commands were on the way to the DSS by
the time of the final command conference (approximately 2 hours before transmission).
Generally, minor changes, such as camera-on time or maneuver angles, were requested
by FPAC at this conference. These changes were readily incorporated using Mode 3
commands, which were subsequently verified in a COGI. simulation.

Recommendations

Manpower, forms, procedures, and schedules for command preparation activities were
entirely adequate. No changes are recommended for subsequent missions.

3.2.2.1.2 PHOTOGRAPHY CONTROL

Photography control, which covers exposure control, shutter speed determination, oblique
photography planning, camera on-time determination, photo sequence, and film manage-
ment will be found in Volume II of this document.
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3.2.2.2 Flight Path Control

Irom launch through completion of photographic readout, maintaining control of the
spacecraft trajectory (or flight path) is the responsibility of Flight Path Analysis and
Command (FPAC). Responsibility for control of the mission from prelaunch checkout
through about launch plus 6 hours belongs to the DSN FPAC. After the spacecraft
has been acquired and is supplying good tracking data to the SFOF (about launch
plus 6 hours), the DSN FPAC team is relieved by the project FPAC team. At this
point the project FPA(C team assumes the responsibility for flight path control for the
remainder of the mission. Within both teams the tracking data analysis function is
carried out by a JPI. analyst. A description of the two FPAC teams is contained in
Boeing Document 1D2-100727-3, Lunar Orbiter I Final Report, Mission Operational
Performance. :

I'light path control by the FPA( team entails execution of the following functions.

® ‘Iracking Data Analysis - - (1) Monitoring and passing judgment on the qual-
ity of the incoming radar tracking data (doppler and range). This raw track-
ing data is the sole link between the spacecraft and FPAC, and is the basis for
determination of the current position and velocity of the vehicle. (2) The pre-
paration of tracking predicts to support the DSS in spacecraft tracking.

® Orbit Determination - - The process of finding a trajectory that “best fits the track
ing data.” This included the tasks of editing the raw tracking data into a form
acceptable to the orbit determination computer program (ODPFP), and subsequent
operation of this program to obtain that trajectory which best fits the data-
usually a lengthy task that consumes large blocks of computer time.

e Flight Path Control - - When the orbit determination process yields a trajectory,
the flight path control function is initiated to determine the need for a corrective
maneuver or the design of a planned maneuver. Thus, this function is prin-
cipally one of guidance, control, and prediction.

FPAC executes these functions to design maneuvers that will best achieve the objectives
of the nominal flight plan. This nominal flight plan is furnished to FPAC by the mis-
sion design group and provides the criteria, ground rules, and constraints that must
be observed in any maneuver design. The computer programs, or FPAC software sys-
tem, used for maneuver designs are identical to that used during Mission I, with the
exception of some internal modifications to individual programs. A description of the
FPAC software system is contained in Boeing Document D2-100727-3, Lunar Orbiter 1
Final Report, Mission Operational Performance.

IFrom a trajectory point of view, the mission can be subdivided into the following
phases:

Countdown, Launch, and Acquisition Phase - - Covers the period from FPAC
entry into the countdown through DSN acquisition of the spacecraft and subse-
guent handover from DSN FPAC team to project FPAC team.

Injection thru Midcourse - - From the completion of the 2nd Agena burn through
the completion of the midcourse maneuver. This phase overlaps the acquisition
portion of the previous phase.

e Midcourse through Deboost - - From end of midcourse burn through completion
of the deboost maneuver.

o [nitial Fllipse - - From end of deboost burn through the transfer maneuver.

® Photo Ellipse - - From end of transfer burn through completion of photo read-
out.
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Table 3.2-3 lists the principal FPAC events and their times of occurrence (GMT) within
these phases. 'The orbit determination and flight path control functions executed in these
phases will be discussed in the following subsections.

Table 3.2-3: Trajectory Sequence Of Events

l.aunch and Acquisition

Nov. 6, 12:00 -- FPAC begins prelaunch checkout of software system
Nov. 6, 23:21-- Launch

Nov. 6, 23:27 - - Agena first burn complete. Start 677-sec. coast
Nov. 6, 23:42- - Agena second burn complete. Cislunar injection
Nov. 6, 23:52-- First DSS51 two-way doppler data

Nov. 7, 03:00-- DSN FPAC hands over control to project FPAC

Injection through Midcourse

Nov., 7, 06:40 - - Calculated 10 m/sec midcourse for execution at cislunar in-
jection plus 15 hours, 19 m/sec at plus 40 hours

Nov. 7, 09:00 - - Selected M/C maneuver time of November 8, 12:56

Nov. 8, 12:50- - Rescheduled M/C maneuver to Nov. 8, 19:30, because of
loss of roll reference.

Nov. 8, 13:00- - Calculated 21.1 m/sec midcourse for execution at cislunar in-
jection plus 41 1/2 hours

Nov. 8, 19:30- - Start midcourse burn

Midcourse through Deboost

Nov. 9, 02:35-- Determined 2nd midcourse not required
Nov. 9, 23:06 - - Completed design of deboost maneuver
Nov. 10, 20:26 - - Start deboost burn

Initial Ellipse

Nov. 11, 01:55 - - Confirmed expected post-deboost state
Nov. 15, 09:45 - - Completed design of transfer maneuver
Nov. 15, 22:58 - - Start transfer burn

Photo Ellipse

Nov. 16, 05:45 - - Confirmed expected post-transfer state
Nov. 18, 15:25 - - Start of photography

Nov. 25, 21:13 - - End of photography

Dec. 6, 23:44 - - Completion of photo readout

3.22.2.1 COUNTDOWN, LAUNCH, AND ACQUISITION PHASE

Project FPAC entered the countdown procedure at launch minus 5 hours on 6 November -
1966. Check cases of the project FPAC user programs were run on both computer
strings. These were completed at T-4 hours on the project (X) string and at T-3 hours
on the DSN (Y) string. No problems were encountered on either string.

Frequency reports from ETR (DS8S-71), were received on schedule and frequency para-
meters were supplied to the real-time computer system (RTCS) for DSIF predicts. All
liftoff predicts program (PRDL) cases were run as required. The actual liftoff time
PRDIL case was cancelled since liftoff occurred at the expected time.
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launch occurred on Nov. 6, 23:21:00.195 (GMT) at a launch azimuth of 92.9 degrees.
Table 3.2-4 lists the major powered flight events (""mark” times) from liftoff through
completion of Agena retro.

The project I'PAC orbit determination group was scheduled to begin an orbit determina-
tion based on .Johannesburg S8-51 tracking data. However, due to the systems pro-
blem, the DSS-51 data was not available to the IF'PAC team until launch plus 1 hour
and 30 minutes.

Woomera 1)58-41 acquired the spacecraft as scheduled. Due to a communications out-
age at launch plus 1 hour and 9 minutes, only 9.5 minutes of three-way doppler and
angle data were available to project FPAC for an early orbit determination. These data
were the first available and were processed by the ODP to obtain the first project OD
solution, 1102. .
The early orbit determination results obtained by project FPAC, DSN FPAC, and the
RTCS at AFETR, all projected to lunar encounter, are shown in Figure 3.2-1.

Table 3.2-4: Powered Flight Trajectory Events

\Mark Event Actual Time (GMT)
0 1.iftoff _ Nov. 6, 23:21:00.195
1 Atlas Booster Engine Cutoff (BECOQ) 23:23:08.4
2 Atlas Booster Engine Jettison 23:23:11.5
3 Start Agena Secondary Timer 23:25:29.9
4 Atlas Sustainer FEngine Cutoff (SECQ) 23:25:50.9
5 Start Agena Primary Timer 23:25:53.1
6 Atlas Vernier Engine Cutoff (VECO) 23:26:14.3
7 Shroud Separation - 23:26:16.8
8 Atlas-Agena Separation 23:26:18.4
9 Agena First Ignition 23:27:07.13

10 Agena First Shutdown (Parking Orbit Injection) 23:29:42.44
11 Agena Second Ignition 23:40:59.2
12 Agena Second Shutdown (Cislunar Injection) 23:42:27.2
13 Agena-Spacecraft Separation 23:45:12.0
14 Begin Agena Yaw 23:45:14.96
15 End Agena Yaw 23:46:14.96
16 Agena Retro 23:55:11.8

Three and one half hours after liftoff, spacecraft acquisition was verified. FPAC con-
trol was then handed over to the project by the DSN.

DSIF stations used for tracking during Mission 11 were:

Station Station ldentification
Goldstone (Pioneer) 11
Goldstone ( Echo) 12
Woomera 41
Johannesburg 51
Madrid 61

DSS-12, -41, and -61 were the prime Lunar Orbiter tracking stations.
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Figure 3.2-1: Early Orbit Determination Results
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3.2.2.2.2 INJECTION THROUGH MIDCOURSE

Events during the injection through midcourse phase of the mission followed the pre-
mission plan with the exception of a requirement to redesign the midcourse maneuver to
accommodate a delay in execution. Other than this anomaly all aspects of flight path
control were as expected.

Orbit Determination

Table 3.2-5 shows the chronological sequence of the lunar encounter paramcters
obtained from the eight project orbit determinations performed before midcourse. Final
design of the midcourse maneuver was based on OD 1218. 0D 1218 was based on
28 hours of two-way-lock doppler data from DSS-41, -12, -51, and-61. The fit of the
doppler data to the orbit solution was excellent.
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Table 3.2-5: Pre-Midcourse Orbit Determination Encounter Parameter Summary

Orbit B-T B‘R Time of closest approach (GMT)

Solution (km) (km)

1102* 8,993.4 -478.8 Nov. 10, 21:29:59.039

1104* * 10,418.2 -1,473.1 21:21:07.327

1206 10,426.0 -1,473.7 21:21:06.725

1208 10,425.1 -1,473.9 21:21:06.572

1310 10,427.7 -1,474.7 21:21:04.925

1112 10,427.2 -1,477.5 21:21:07.496 .

1114 Used to evaluate encounter statistics

XX16 This number was skipped

1218 10,428.1 -1,476.6 21:21:07.731

1320 10,430.5 -1,475.3 21:21:06.119
Nominal 6,120 - 410 20:39:30.6
Aimpoint :

* This very early solution was based on only 9 minutes of DSS-41 tracking.

* * This early solution was based on 1 hour of DSIF tracking; subsequent solutions used
longer tracking arcs.

(Appendix B contains supporting data for the orbit determination work).

In Mission I the orbit determination estimates of the uncertainty in the lunar encounter
parameters considered only the contributions of doppler random noise. During this mis-
sion,uncertainties contributed by the gravitational constants of the Earth and Moon and
the tracking station locations were also included. Using accepted numbers for the above
uncertainties, the more realistic estimate of lunar encounter uncertainties based on OD
1112 for Mission II are contrasted below with those obtained using the obsolete Mission
I procedure.

Mission I Mission 11
Procedure Procedure
Elements oD 1112 OD 1114
Approach Hyperbola Perilune Altitude 0.66 25.2
o Uncertainty (km)
Time of Closest Approach 1.3 6.0

o Uncertainty (sec)
Midcourse Design and Execution

Within 2 hours after cislunar injection, projected lunar encounter parameters (see Figure
3.2-1) indicated that the second Agena burn had resulted in a trajectory well within the
midcourse capability of the spacecraft. It was also apparent that although a midcourse
maneuver would be required, midcourse execution time would not be critical and an
early midcourse would not be necessary.
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The criteria used in designing the midcourse maneuver were:

1) Delay maneuver as long as practicable to minimize the effect of midcourse execu-
tion errors on lunar encounter conditions;

2) Perform the first midcourse maneuver at least 50 hours before orbit injection to
allow time for a second midcourse;

3) Minimize AV required for lunar orbit injection (deboost), transfer, and mid-
course with a maneuver at selected midcourse time.

A study of midcourse execution time was made using OD 1206, which was based on 3.3
hours of tracking and which became available 6 hours after lunar injection, correcting
both the time of flight to the nominal encounter time (November 10, 20:39: GMT), and
the miss parameters (B*T and B:R) were corrected to those computed in the midcourse
targeting program. Figure 3.2-2 shows the results of this study. The midcourse maneuver
could be delayed to the limit, i.e., 40 hours after cislunar injection, without the slightest
danger of exceeding the AV budget for the maneuver 93 m/sec.
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Figure 3.2-2: Effect of Midcourse Time on AV Required
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Optimization of deboost, transfer, and midcourse AV is doneautomatically by the FPAC
software programs for a given midcourse execution time and specified lunar encounter
time. By varying the encounter time for a selected midcourse execution time, it is possible
to minimize the total AV for midcourse, deboost, andtransfer. The results of this analysis
are shown in Figure 3.2-3 for a midcourse executed at approximately 40 hours after cis-
lunar injection. The minimum total AV in this casehappens also to correct the encounter
time to within 2 minutes of nominal. On the basis of the data contained in Figures 3.2-2
and 3.2-3 it was decided to correct both the miss parameters and encounter time with a
first midcourse maneuver executed about 40 hours after cislunar injection.

It is desirable to perform the midcourse maneuver while the spacecraft is in a two-station
view period. Accordingly, engine ignition was scheduled for approximately 37 hours after
cislunar injection (30 minutes after DSS-12rise)sothat both DSS-12 and -61 would view
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the engine burn. The impulsive deboost design program was used to confirm that the
midcourse design would allow injection into a nominal initial ellipse. A discrepancy in
solutions resulted and was traced to an error in the injection program. Both the mid-
course and injection design programs usea referencetarget in lunar orbit (perilune longi-
tude and latitude at a specified time). By replacing the reference target in the photo ellipse
originally used with a target early in the initial ellipse, the magnitude of the discrepancy
was minimized and satisfactory agreement was obtained between the midcourse and in-
jection design programs.

The midcourse maneuver was aborted when Canopus was lost from the star tracker field
of view after the propellant squib valves were fired but before initiation of the attitude
maneuver. The midcourse maneuver was rescheduled for the next two-station view period
at approximately 43.5 hours after cislunar injection. This time was 30 minutes after
DSS-41 rise during overlap with DSS-12. The ignition time of November 8, 19:30:00.0
(GMT), necessarily exceeded the 40-hour limit for first midcourse execution; had a need
for a second midcourse ensued, the available time for tracking, orbit determination, and
design would have been short. The latest time for a second midcourse is 25 hours prior
to lunar injection to allow sufficient time for orbit determination and lunar injection de-
sign. A backup first midcourse maneuver for November 8, 23:30:00 (GMT), was also
designed but was not needed. The midcourse maneuver was executed November 8 at
19.:30:00 and consisted of the following attitude maneuver and engine burn specified by
FPAC.

Sun line roll = 41.90 deg.
Pitch = 30.16 deg.
AV = 21.15 m/sec.

Canopus for roll reference

This attitude maneuver was selected from 12 possibletwo-axis maneuvers on the basis of:
(1) viewing DSS line of sight vector not passing through any antenna null regions; (2)
minimizing total maneuver rotation; and (3) maintaining Sun lock as long as possible.
OD 1218 was used for the midcourse final design. Midcourse targeting resulted in the
following set of encounter parameters. The preflight nominals and pre-midcourse values
are also given. These data are presented graphically in Figure 3.2-4.

Nominal Pre-Midcourse Post-Midcourse
(Preflight design) (actual) (encounter design)
B T (km) 6120 10,425.9 6,010.1
B-R (km) -410 -1,474.5 -390.5
TCA (GMT) Nov. 10, 20:39 Nov. 10, 21:21:07.3 Nov. 10, 20:39:00
Ve (km/sec) 0.95666 0.95305 0.9623

Figure 3.2-5 shows the Earth-Moon-spacecraft geometry at the time of the midcourse
maneuver and the direction of the desired velocity change. Engine ignition occurred at
November 8, 19:30:00 (GMT), and the engine burned for 18.1 seconds. The resulting
doppler shift was 315 cps. The doppler data observed during the burn indicated a nom-
inal burn as shown in Figure 3.2-6.

3.2.2.2.3 MIDCOURSE THROUGH DEBOOST
Orbit Determination
The first orbit determination after the midcourse maneuver (OD 2100) was not started

until 5 hours after that maneuver because the trajectory curvature was so small in this
region that meaningful determinations of spacecraft position could not be made earlier.
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Mission | experience indicated that this starting time was premature with doppler data
alone, but some 36 ranging points were available which would help the determination.
The determination was successful. It predicted encounter perilune altitude and closest
approach time within 8 km and 12 sec of the best estimates subsequéntly achieved with
25 hours of tracking. Table 3.2-6 shows the early orbit determination prediction, the
best estimate of the actual encounter conditions, and the midcourse-designed encounter
conditions.

Table 3.2-6: Encounter (‘onditions

Flements Midcourse 1st OD Best Estimate
Designed  (OD 2100) (0D 2112)
Perilune Ailtitude (km) 2724.7 2724.0 2732.0
Time of Closest Approach (GMT) 0.0 24.4 12.5
(3149 20" 39™XX"* )
BT (km) 6010.1 6032.0 6043.6
B:R (km) -390.5 -393.0 -373.3
B (km) 6022.8 6055.0 6055.1

Ranging data were used in about 50% of the determinations made during this mission
phase; when used with long periods of doppler tracking data, minor inconsistencies in
the determinations were noted. These were attributed primarily to the necessity for a very
large calibration correction which was applied to the raw range data.

The orbit determination used for the deboost maneuver calculation was OD 2112. This
determination used 21.5 hours of two-way lock doppler data from DSS-41, -12, and -61.
The first data point used in the determination was 2.5 hours after the midcourse maneu-
ver because a 36-degree-pitch maneuver occurred 2 hours after midcourse. Since large
pitch and yaw maneuvers disturb the trajectory (uncoupled gas jet thrusts). it was felt
that a more accurate estimate of spacecraft position and velocity could be obtained by
moving the starting point of the determination past this maneuver. The estimate of the
encounter parameters obtained from this determination is shown in Table 3.2-6. The pre-
dicted uncertainties in the lunar encounter conditions obtained from this determination
(using the new procedure described in the previous mission phase writeup) were:

1o Uncertainties

Perilune Altitude 0.95 km
Time of Closest Approach 5.1 sec
B-T 1.1 km

B-R 6.6 km

B 6.7 km

More information about this determination is shown in Appendix B.

Appendix B also contains summaries of all theorbit determination performed during this
phase.

After the orbit determination for the deboost maneuver was completed, several more de-
terminations were done to verify the prediction of lunar encounter time (time of closest
approach). Estimates of this quantity improve as the spacecraft approaches the Moon
because the gravitational field of the Moon causes the trajectory curvature to increase
and thus provide better geometrical conditions for a determination.
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Deboost Design and Execution

A discrepancy was found to exist between the post-midcourse encountgr parameters gen-
crated by the midcourse program and the encounter parameters obtained by forwarding
the designed post-midcourse state to time of closest approach ('TCA) with an integrating
trajectory program. 'The reason for this difference was not determined until after the mis-
sion when an error in the trajectory integration portion of the midcourse program was
located. 'The effect of this error on flight path control was that although the optimum
targeting parameters (B-T, B-R, TCA) were computed, the associated midcourse AV to
satisfy these targeting parameters was slightly in error. This resulted in an actual post-
midcourse trajectory with encounter parameters slightly different than designed. A com-
parison of the designed post-midcourse encounter parameters, the actual post-midcourse
encounter parameters, and the corrected encounter parameters for the designed post-mid-
course state is as follows:

Designed Post M/C OD 2112 Actual Post M/C Corrected Encounter
Encounter Parameters Encounter Parameters Parameters Based on
Forwarding the Designed
Post M/C State

B-T (km) 6,010.1 6,043.6 6,033.4
B:R (km) -390.5 -390.5 -381.5
TCA (GMT) Nov. 10, 20:39:00. Nov. 10, 20:39:12.9

Voo (km/sec) 0.9623 0.95781 0.9574

Thus the designed midcourse maneuver resulted in a trajectory having bult-in errors
that had to be corrected with the deboost maneuver.

0D 2112, based on 21.5 hours of tracking data, was used to design the deboost maneu-
ver. Deboost design was later verified using OD 2114 based on 31.5 hours of tracking
data.

The design philosophy for the deboost maneuver was to guide the spacecraft from its
approach hyperbola into an ellipse such that the ellipse inclination and apolune attitude
were at their nominal values. An attempt was also made to hold the remaining ellipse
parameters, ascending node longitude ( 1 ), argument of perilune ( w ), and perilune
altitude (hp) as close to nominal as possible. Goudas No. 2 lunar harmonics were used
in extending the trajectory to a reference target in the initial ellipse.

Different orbit injection solutions were obtained by FPAC operations and the Seattle back-
up group because of their different software programs. The operational software attempted
to maintain constant f§ and w, with h, as the adjusting parameter, whereas the Seattle
software kept 1 and hp constant with w as the independent variable. Because perilune
altitude was more important than argument of perilune, and the Seattle solution had a
value of 1 closer to the nominal value, it was decided to target to the Seattle solution,
resulting in the following initial ellipse design.

Design Nominal
Apolune Altitude h, (km) 1850.0 1850.0
Orbit Inclination i (deg) 11.94 11.95
Ascending Node Longitude 0 (deg) 341.8 340.8
Argument of Perilune w (deg) 162.1 156.8
Perilune Altitude hp (km) 202.2 200.0
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The finite burn program was run to refine the solution and to generate the required atti-
tude manecuvers. Fngine ignition was designed to occur at November 10, 20:26:37.3

(GMT). The required maneuver was: .

Roll (deg) -8.96
Pitch (deg) -101.38
AV (m/sec) 829.7

The attitude maneuver was selected from the twelve possible two-axis maneuvers on the
basis of (1) DSS vector not passing through any antenna null regions, and (2) minimum
total rotation angle.

Verification of the lunar injection solution was obtained by forwarding predicted post-
injection conditions, designing a transfer maneuver, and then running the photo prediction
program. The predicted value of lighting angle over the reference target in the photo
ellipse (2° W longitude, 2.37° N latitude) was identical to the nominal value of 70.5
degrees.

A series of fiyby maneuvers was also designed for use in the event of engine failure.
These maneuvers consisted of an initial three-axis maneuver to point the camera axis
along the local vertical, then five consecutive pitch maneuvers, and finally a three-axis
maneuver to point the camera toward FEarth. Nine photo frames were planned for the
flyby mode.

The deboost attitude maneuver was performed 14 minutes before engine ignition. Actual
start of engine burn occurred on November 10, 20:26:37.3, and the burn lasted for 611.6
seconds, producing a doppler shift of 1,970 cps. Doppler data observed during the burn
confirmed nominal execution of the maneuver. See Figure 3.2-7 .

The geometry at maneuver time is shown in Figure 3.2-8. At November 10, 19:10:10
(GMT) (76 minutes before ignition) Station 41 rose to begin the two-station view period
with Station 12. View of the spacecraft from DSS-12 and -41 was occulted by the Moon
34 minutes after thrust termination.

3.2.2.2.4 INITIAL ELLIPSE
Orbit Determination

Immediately following the monitoring of the doppler shift during the deboost maneuver,
incoming tracking data was logged and edited in preparation for a quick determination
of the elements of the first orbit. The objective was to ensure that the stations would
promptly reacquire the spacecraft when it emerged from behind the Moon. It was nec-
essary to determine the new orbit, calculate a set of station doppier predicts based on
this determination, and send these predicts to the station within minutes after deboost. A
quick look™ orbit determination (4200) was completed at deboost + 35 minutes using
about 15 minutes of two-station view--this orbitwasnot regarded as definitive bui, coupled
with the nominal deboost doppler shift, gave an indication that the deboost was near
nominal. A more definitive orbit determination was achieved at deboost + 54 minutes
and station predicts were computed by the DSN and sent to the stations before spacecraft
emergence. A comparison of the designed post-deboost orbital elements, the best estimate
of these elements (O 4206), and the first orbit determination results (4102) are shown
in the following table:
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Orbital Elements  Deboost Design  First Ol) Results Best Estimate

(0D 4102) (0D 4206)
hp 202.1 192.5 196.3 *
ha 1850. 1850.9 1871.3
i 11.94 11.75 11.97
Q 341.8 347.01 341.7
1) 162.1 157.16 161.6

No difficulties were encountered in the initial orbit determination and it was not necessary
to employ backup procedures.

Orbit determination activities during the 5 daysfrom deboost to transfer consisted of rou-
tine updating of the spacecraft state and support of the orbit transfer maneuver design.
Llunar gravitational harmonics were not evaluated in Mission [l as they were during
this phase in Mission I. Plots of the orbital elements determined during this phase are
shown in Figures 3.2-9 through 3.2-12. The orbit determination reports detailing the
solutions are presented in Appendix B.
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Figure 3.2-7: Deboost Doppler Shift
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The scatter in the estimated values of orbit elements for this mission was considerably
reduced as compared to Mission I. This is attributed to improved orbit determination
procedures developed from experience in Mission I, and to improved estimates of the
lunar gravitational field obtained from Langley Research Center.

The orbit determination used for the transfer calculation (OD 4132) used 29.5 hours of
two-way-lock doppler tracking data from DSS-12,-41, and-61. The placement of the data
relative to the transfer time is shown in the following figure:

23" 17™ ‘ 04" 44™

4

F OD Data Arc A"A Projection Ahead !
(0D 4132)

L | |
11/13 11/14 11/15 11/16

Transfer |22P58™
J

This determination put the transfer caiculations on a very firm basis because the pro-
jection to transfer was shorter than the data arc used. This situation provides an ideal
orbit determination basis for performing a maneuver calculation. Further details of this
determination are given in Appendix B.

Several hours before the transfer maneuver, a set of engine-burn doppler predicts was
computed. This computation used the latest orbit determination results and the predicted
nominal orbit conditions after the engine burn. These predicted doppler data were plotted
in the region of the burn. The actual doppler shift data were plotted on the same curve
during the maneuver from the incoming raw TTY data. The resulting curve (Figure
3.2-13) showed that the expected doppler shift was obtained, giving a quick indication
that the maneuver was nominal.

Special analyses using ranging data not previously available contributed significantly
to experimental verification of theoretical corrections to the lunar ephemeris proposed
by Eckert of IBM. This work was performed by W. L. Sjogren of JPL.
Transfer Design and Execution
The primary task of the flight path control group during the initial ellipse phase of
Mission II was the design of an appropriate transfer maneuver. The transfer from initial
to photo ellipse was executed on November 15, 1966, at 22:58:24.53 GMT and resulted
in a photo ellipse almost identical to the designed ellipse. This event concluded approx-
imately 5 days in the initial ellipse and initiated the principal phase of the mission:
photograph 13 potential Apollo landing sites.
The design of the transfer maneuver was based on the following ground rules:

®  Minimum perilune altitude of 45.3 km;

®  Minimum photo sidelap of 5%;

e [llumination angles between 50 and 80 degrees at primary targets;

] Transfer at least 24 hours prior to first photo;

¢ A minimum of 30 minutes between end of Earth occultation and start of engine
burn.
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Figure 3.2-13: Transfer Doppler Shift

A set of lunar harmonic coefficients evaluated by NASA-Langley from Mission | data,
designated LRC 9/4/66 harmonics, was used during the transfer design. The maneuver
design was based on a state vector from orbit determination solution 4132.

Orbit 33 of the initial ellipse was selected for transfer, allowing between 18 and 19 orbits
from transfer to first photo.

As a precaution, a backup maneuver was also designed. This maneuver was to be exe-
cuted only in the event that the prime transfer maneuver could not be performed. The
backup maneuver would have been executed two orbits later than the prime transfer,
and was designed using OD solution 4132,
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The transfer mancuver was designed by targeting to the three parameters: (1) perilune
radius (Rp ); (2) latitude of perilune ( g )}(3) orbit inclination (i). The desired value for
the perilune radius, 1783.4 km, was composed of the following components: 1738. km
nominal lunar radius, 3.8 km local elevation at the anticipated lowest perilune, 3.6 km
control errors and Moon model uncertainty, and 38 km minimum altitude to satisfy V/H
sensor constraints. The sum of these components is the minimum allowable perilune ra-
dius for the design ofthephoto ellipse. The desired value of perilune latitude on Orbit 76,
about halfway through the photo sites, was 2.37 degrees north. This value minimized
the photo altitude, centered the perilune traceamongthe photo sites, and satisfied lighting
angle constraints. The nominal premission design value of 11.95 degrees for orbit in-
clination ensured that the 5% minimum photo sidelap constraint would be met.

The minimum AV maneuver was 28.1 m/sec at a true anomaly of 170.0 degrees. The
time of this transfer maneuver met the 30-minute minimum tracking time constraint, and
the required AV was well below the budgeted 166 m/sec.

The attitude maneuver angles required to perform this transfer were:

Sun line roll 33.01 degrees
pitch 23.47 degrees

Selection of this attitude maneuver sequence was based on maintaining Sun lock as long
as possible and compliance with antenna constraints witha minimum of angular rotation.

The orbital geometry at the time of transfer is shown in Figure 3.2-14 . The predicted
conic elements at perilune of Orbit 76 are given below with the desired nominal values
from premission design:

Element Pretransfer  Preflight
Prediction Nominal
Apolune radius (km) 3596.1 3588.0
Perilune radius (km) 1783.4 1783.4
Inclination (deg) 11.95 11.95
Selenographic *
Argument of Perilune (deg) 168.5 168.5 of date
coordinates
Longitude of ascending node (deg) 188.5 189.3

The predicted conic elements before and after the impulsive transfer maneuver are given
below to indicate the change in each caused by the maneuver. All elements are given for
November 15, 22:58:24.53 GMT.

Element Pretransfer Posttransfer
Ra (km) 3582.5 3590.3
Rp (km) 1951.3 1788.3
i (deg) 12.03 11.91
Selenographic *
w (deg) 164.9 163.3 of date
coordinates
(deg) 272.5 272.8

* Selenographic of date coordinates are Moon-fixed coordinates inertially fixed at some
epoch—for this data the epoch is at perilune.
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Figure 3.2-14: Orbital Geometry at Transfer

Prior to acceptance of this final design of the transfer maneuver two alternative sets of
search parameters were investigated: Rp, w , i a, R;,Q. Ineach case, some conic ele-
ment was allowed to deviate to satisfy the search parameters. No other set of search
parameters gave results as satisfactory as the set used in the final design, Rp.u, i.

The predicted results of the transfer design areshown graphically in the following figures.
Figure 3.2-15 shows the perilune altitude ( referred tothe nominal lunar radius of 1738.09
km) as a function of longitude of descending node in the area of photo activity. Figure
3.2-16 is a plot of the primary photo orbit traces and includes the targeted perilune trace.
Figure 3.2-17 indicates the spacecraft altitude above the nominal lunar radius at photo
time for each of the primary targets, as well as the Sun angle at nadir for each primary
photo event.
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MISSION H PRIMARY PHOTO SITES
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3.2.2.2.5 PHOTO ELLIPSE

The photo ellipse phase of Mission [l extended from the end of the transfer burn through
the completion of the photo readout.

The principal FPAC tasks in this phase included:

¢ A high-quality orbit determination prior to each primary photo event, which was
the basis for the design of camera pointing maneuvers.

e Design of secondary site photo maneuvers on a noninterference basis with pri-
mary photo activity.

e Trajectory predictions including Sun rise and set times and Earth occultation
periods.

Orbit Determination

Immediately after monitoring the transfer maneuver doppler shift, tracking data was
logged and cdited in preparation for the first orbit determination after the burn. This
calculation was started at T + 45 ( Transfer + 45 minutes) and by T + 75 minutes the
calculation was complete and the results reported. Although not definitive, this calcula-
tion--together with the excellent agreement observed between the predicted and actual
doppler shift during the burn--strongly indicated that a nominal maneuver had occurred.
The following table shows the designed posttransfer conditions, the first estimate of these
conditions obtained at T + 75 minutes (0D 5302), and a more definitive estimate (D
5106) obtained at T + 7 hours.

Elements Designed Post- First Estimate Best Estimate
transfer Conditions (0D 5302) (0D 5106)
hp (km) 50.2 50.5 49.7
ha (km) 1858.2 1852.5 1852.6
i (deg) 11.91 11.99 11.89
! (deg) 272.8 272.6 273.3
@ (deg) 163.3 163.5 162.83

No difficulties were encountered in the initial orbit determination and no backup orbit
determination procedures were necessary. Plots of orbital elements obtained during this
phase are shown in Figures 3.2-18 through 3.2-22.

This mission phase was the most active of all. A total of 23 orbit determinations were
made before Bimat cut and 17 of these were used to directly support command con-
ferences. Table 3.2-7 shows the orbit determination runs used to support command con-
ferences for each photo event. Details of each of these orbit determinations may be found
in Appendix B. Typically, the preliminary command conferencewas held 10 hours before
a photo maneuver and the final command conference 7 hours before a maneuver. Con-
sequently, it was necessary to predict spacecraft position and velocity for the maneuver
calculations as much as 16 to 18 hours before maneuver execution. To minimize the un-
avoidable prediction errors it was standard orbit determination procedure to estimate the
present position and velocity of the spacecraft using a tracking data arc spanning more
time than the trajectory prediction arc out tothe maneuver time. This standard procedure
in practice reduced to using a shorter tracking arc than desired to support the prelimin-
ary command conference and then increasing the amount of data used for the determina-
tion to support the final command conference. Usually an update of the camera-on time

was required at the final conference as aresult of the newer orbit determination. Appendix
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BB includes a tabulation of the mancuver angle and camera-on time changes associated
with updated orbit determinations. A summary of the data arc lengths and prediction in-
tervals for each photo site may also be found in Appendix B.

Table 3.2-7: Orbit Determinations used for Photo Site ( ommand ( onferences

*

** FCC--Final Command Conference

Photo Site
No.

P-1

S-1
S-2a, S-2b
S-3

S-4

p-2
P-3a
P-3b
P-4

-5

S-5
P-6a
P-6b
S-6, §-7
S-8, S99
P-7a, P-7b
P-8a
P-8b
S-10.2
P-8c
S-11
P-9
P-10a
P-10b
S-12
P-11a
P-11b
P-12a
P-12b
S-13
S-14
P-13a
P-13b
S-15
S-16
S-17

Orbit Determination

PCC*

5214
5214
5316
5316
5316
5220
5220
5220
5220
5322
5322
5328
5328
5132
5236
5138
5240
5240
5240
5342
5342
5144
5144
5144
5150
5150
5150
5252
5252
5354
5354
5258
5258
5260
5260
5260

PCC-Preliminary Command Conference

Number

rees *

5316
5316
5316
5316
5316
5220
5322
5322
5322
5328
5322
5132
5132
5132
5236
5138
5342
5342
5342
5144
5144
5246
5246
5246
5252
5252
5252
5354
5354
5354
5354
5260
5260
5260
5260
5260
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A new DSIF procedure allowed tracking data to be obtained during photo readout. Al-
though this data was 2 to 10 times more noisy and had more frequent blunder points
caused by photo readout interference, it was nevertheless usable data. Because this data
was available, tracking restrictions on readout were eliminated. Interruptions every ninth
orbit for tracking purposes, as in Mission I, were not required. The presence of the
blunder points required that the tracking data be processed carefully; this increased the
computation time by about 20%.

Sunset times obtained from SPAC were processed during this phase in an attempt to ver-
ify along track spacecraft position estimates. These data did not enter into the estimation
process but rather were used asindependentdatato check sunset times derived from orbit
estimates. The high level of activity precluded comprehensive checking but sunsets that
were checked agreed well with the predicted values. An effort will be made to use these
sunset times to a greater extent in the future,

Instability of the orbit determination solutions became a problem after the perilune alti-
tude passed its minimum value and begantoincrease. Solutions comparable to the initial
ellipse solutions became increasingly difficult to attain and divergence occurred in several
cases. These divergent situations were remedied in most instances by using different data
samples, changing the location of the epoch of the solution, or estimating different para-
meters. The consensus was (and is) that thesedifficulties were associated with inadequacy
of the particular set of lunar harmonics coefficients used during the mission.

Photo Design

In Mission II, all photo activity occurred during the second ellipse. There were 184
frames exposed for primary photo sites and 27 frames exposed for secondary sites.

Volume II of this document contains a detailed listing of photo information, including

actual camera-on times and spacecraft attitude maneuvers. A summary of the frames ex-
posed is given in Table 3.2-8.
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Table 3.2-8: FFrame Numbers Versus ’hoto Sites

I'rame Numbers
5 through 20

Photo Site
11P-1

21 through 24 [18-1
25 through 28 118-2a
29 through 32 118-2b
33 115-3
34 1154
35 through 42 11pP-2
43 through 50 11P-3a
51 through 58 11P-3b
59 through 66 I1P-4
67 through 74 I11P-5
75 [18-5
76 through 83 11P-6a
84 through 91 [1P-6b
92 11S-6
93 118-7
94 11S-8
95 11S-9
96 through 103 [IP-7a
104 through 111 IT1P-7b
112 [18-10.2
113 through 120 11P-8a
121 through 128 11P-8b
1294hrough 136 ITP-8¢
137 118-11
138 through 145 [pP-9
146 through 153 I1P-10a
154 through 161 11P-10b

162 11812

163 through 170 ITP-11a
171 through 178 [1P-11b
179 through 186 IP-12a
187 through 194 [1P-12b
195 118-13
196 : [1S-14
197 through 20 1TP-13a
205 through 212 [1P-13b
213 118-15
214 11816
215 11817

The lunar harmonics designated LLRC 9/4/66 were used in the design of all camera
pointing attitude maneuvers and camera-on times.

To minimize timing error in the camera-on times, the state vectors were forwarded to
within a few minutes of the expected camera-on times for the primary photo events using
an integrating trajectory program. Thus, the mean element trajectory program was used
over only a short span of time.
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Table 3.2-9 compares the orbit numbers predicted as a part of the transfer design for
the primary photo events and the actual orbits in which the photo events occurred.

T'able 3.2-9: Site Versus Orbit Number

Site No. Predicted Orbit No. Actual Orbit No.
11P-1 52 52
11p-2 57 57
[1P-3a 59 59
11P-3b 60 60
11P-4 : 61 61
I1P-5 62 62
IIP-6a 66 66
11P-6b 67 67
[IP-7a 75 76
I11P-7b 76 17
I1IP-8a 79 80
11P-8b 80 81
I11P-8¢ 81 82
1IP-9 84 85
IIP-10a 85 86
I1P-10b 86 87
IIP-11a 89 91
1IP-11b 90 92
IiP-12a 92 93
I1I1P-12b 93 94
I[I1P-13a 97 98
I1P-13b 98 99

Following Site 1IP-6, it became necessary to delay photo events one or two orbits to
achieve the desired and predicted coverage of the remaining sites.

The lunar harmonic model designated LRC 9/4/66 used for the predictions did not accu-
rately describe the long-term changes in the node longitude. As time passed, the predicted
and actual orbit traces diverged gradually until it was necessary to take subsequent
photos on a later orbit to maintain coverage.

Many of the secondary sites were also changed to different orbits to prevent interference
with primary photography or to obtain desired coverageif interference was not involved.

Figure 3.2-23 shows the spacecraft altitude (based on a mean lunar radius of 1738.09
km) at photo time for each primary photo event. Also given are sunlight incidence angle
and orbit number. These data wereextracted fromthe individual enroute photo maneuver
designs. Figure 3.2-24 shows perilune altitude (above the mean lunar radius) as a func-
tion of descending node longitude as predicted earlier during transfer maneuver design
predictions as well as from photo maneuver designs. The difference between the two pre-
dictions shows that the LRC 9/4/66 Moon model does not represent perilune perturba-
tions adequately.
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PRIMARY PHOTO SITES
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3.2.3 SPACECRAFT PERFORMANCE SUMMARY
Launch Phase ‘

Liftoff and injection into cislunar trajectory by the launch vehicle were within nominal
limits. No problems were encountered.

Cislunar Phase

DSS-51 (Johannesburg) acquired one-way 1f lock 28 minutes after launch, acquired two-
way rf lock 2 minutes later, and tracked the spacecraft for approximately 11 hours.
DSS-41 (Woomera) acquired three-way lock 51 minutes afterlaunch and a normal hand-
over (DSS-51 to DSS-41) occurred 69 minutes after launch.

Sun acquisition was not recorded, having been accomplished prior to DSS-41 acquisition.
A star map maneuver was initiated 7 hours, 27 minutes after launch. At the end of the
360 degree roll maneuver, it was determined that the spacecraft had originally been
oriented to Canopus.
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'The midcourse maneuver was accomplished successfully 44.15 hours after launch. The
maneuver had been scheduled to occur approximately 7 hours before, and was re
scheduled due to loss of Canopus reference when the fuel and oxidizer squibs were fired.
Time delay in reacquiring Canopus caused rescheduling of the maneuver. The spacecraft
remained pitched off the sunline after the midcourse maneuver. Periodic pitch and yaw
maneuvers were required to counteract drifts in spacecraft orientation.

Orbital Phase

Lunar orbit injection was performed 93 hours after launch, placing the spacecraft in a
nominal orbit with apolune of 1864.8 km, perilune of 202.4 km, inclination of 11.96
degrees, and period of 218.2 minutes.

During the initial orbit phase, Goldstone film was read out to all three prime DSS’s to
verify the coordination procedures between the SPAC photo data analyst and the DSS
video engineers, and to verify system operational readiness.

Transfer to final orbit took place during Orbit 33, 215.5 hours after launch. The orbit
met all requirements established for Mission Il. For procedural simplicity, orbits were
numbered sequentially through both initial and final orbits rather than as they were in
Mission [.

First photos were taken during Orbit 52. During the film advance,frames taken during
Orbit 51, the shutter actuation telemetry channel, PB04, indicated 23 counts for 11 actua-
tions. PB04 continued to give erratic counts during the remainder of the mission. Actual
shutter operations, however, proved to follow the commands precisely, and no double
exposures were found during readout.

Site photography progressed normally. The last primary site, P-13b, was photographed
during Orbit 99. The last photograph was of Site S-17 during Orbit 102. Bimat was cut
during Orbit 105, and, after two false starts due to mislocation of film, final readout
started in Orbit 107.

Readout progressed at a rapid rate, averaging 2.8 frames per orbit until Orbit 179, when
the TWTA failed to turn on. There were approximately eight frames remaining to be read
out, data from 2.4 frames of these eight however, had been obtained during priority read-
out in Orbits 53 through 57. During final readout, TWTA helix current was above tol-
erance at turn-on, decreasing to proper level after 7 to 10 minutes of operation. The
TWTA power output did not appear to be affected by the change in helix current, and a
change in appearance of the GRE film could not be found up to the time when readout
was terminated.

During final readout, the spacecraft remained pitched off the sunline to maintain lower
temperatures, thus allowing the maximum possible readout time per orbit.

At the end of the photo mission, the spacecraft had recorded three micrometeoroid strikes:
on DI;/IO4 at GMT 319:12:45; on DMO5 at GMT 329:17:23; and on DM13 at GMT
338:02:05.

The radiation dosage measurement systemn (RDMS) had recorded 1.75 rads on scintilla-
tion counter 1 (cassette) and 1.0 rads oncounter 2 (looper). At these levels, the film was
not degraded.

The Canopus star tracker was operated continuously through the cislunar phase of the
mission until orbit injection. During the orbital phase of the mission, the tracker was op-
erated intermittently to update thecelestial reference. Continuous operation was impractical
due to the tendency to track otherbright objects (glint). Each time the tracker was turned
on, the attitude control thrusters fired in a transient mode. The resultant motion was
small, and the spacecraft did not go outside the dead-zone cycle limits.
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During Orbits 97, 127, 131, 150, 176, 180, and 181 the stored “‘readout drive off’’ com-
mand failed to turn the readout electronics off, requiring transmission of real-time com-
mands to turn off the electronics. Notethat Orbits 180 and 181 were after TWTA failure.
The film was being rewound during these orbits.

None of the above anomalies, except the TW TAfailure, had a significant effect on opera-
tion of the spacecraft, nor were any mission objectives lost. Although it was disappointing
to lose 5.6 frames of photos, it should be recognized that the number of frames read out
was greater than the 194 frames established in the photo system specification and much
more than satisfied the area coverage requirements of the original work statement.

Following is a discussion and performance analysis of the spacecraft subsystems. Figure
3.2-25 is a block diagram showing relationships between the subsystems. Table 3.2-10
shows the times of key events during the mission. Complete sequence of events will be
found in Appendix B in Volume VI of this document. A brief summary of the spacecraft
subsystems is included in Volume I of this document. Further description of these sub-
systems is given in Boeing Document D2-100727-3, Lunar Orbiter I Final Report -- Mis- -
sion Operational Performance.

Table 3.2-10: Key Events

GMT
Day | Hour | Min. | Sec. Event
310 23 21 |00.195] Liftoff
23 42 [27.2 |Cislunar Injection
23 46 |12.0 |S/C-Agena separation
23 47 Antenna and solar panel deployment
23 48 |49 DSS-51 one-way rf lock
51 |53 DS$-51 two-way rf lock
12 16 DSS-41 one-way rf lock
30 |00 DSS-41 two-way rf lock
Sun presence (exact time unknown)
08 21 |27 Canopus acquisition
10 34 Bleed propellant lines

312 19 30 [{00.0 |Ignition, midcourse maneuver, 4V+21.1 mps
Engine burn time: 18.08 sec.

314 20 26 {37.3 |[lgnition, lunar orbit injection _
AV —g- 829.7 meters per second, engine burn time:
611.6 sec.

319 12 45 |40 Recorded first micrometeoroid hit

319 22 58 [24.5 |Ignition, orbit transfer maneuver;

AV = 28.1 meters per second; engine burn time:
17.42 sec.

322 16 24 |16 First photographic exposure, Site II P-1 (Orbit 52)

322 17 18 |00 Start first priority readout (Orbit 53) of actual
Moon photo (high-res. Frame 6, second exposure,
Site II P-1).

Last photographic exposure-Site I S-17 (Orbit 102)
Bimat cut (Orbit 105)

Start final readout, after advancing film from
*"cut Bimat” position (Orbit 107).

341 01 16 {00 TWTA failed to turn on, terminating readout (Orbit 179).

311

g8 a

329 21 12
330 08 58
330 15 04

888
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3.2.3.1 Photographic Subsystem

The operation of the photographic subsystem (PS) throughout Mission II was satisfac-
tory. The temperature and humidity profiles followed predicted trends from the spacecraft
temperature behavior. Photography and processing proceeded as planned. Priority read-
out verified proper photographic operation.

The spacecraft was launched into the Earth shadow resulting in a cooling period until the
spacecraft entered the sunlight. The spacecraft then began to get warmer but the camera
window temperature (measurement PTO03) continued to drop until the measurement
reached its lower saturation level (39.1°F). After the measurement remained saturated for
approximately 2.5 hours, the camera thermal door was commanded to open and close
to verify that the door was completely closed. After an additional 2 hours, the camera
window temperature increased sufficiently to rise above the measurement saturation level.
The window temperature continued to increase and had reached 45.6°F when the space-
craft was turned 36 degrees “‘off-Sun.” The window temperature increased for an addi-
tional 1 hour after the spacecraft was pitched ‘‘off-Sun” and reached 49.3°F, where it re-
mained for 1 hour before starting to decrease. Twelve and one-half hours later, the tem-
perature had decreased to 42.8°F, atwhich timethe spacecraft was turned back “on-Sun.”
Again the window temperature continued to decrease and reached saturation (39.1°F)
1.5 hours later. It remained saturated for 2.5 hours, even though the spacecraft was *‘on-
Sun.” This indicates that the camerathermal doorwas closed prior to the door open and
close operation and that the temperatures observed were due to the lagging thermal
characteristics of the camera window.

The PS was kept in the solar eclipse mode with heaters inhibited throughout translunar
cruise. At injection, the heater inhibit was released and the PS heaters were allowed to
operate. A day before the first photo pass, the normal sequence of ‘“solar eclipse on /off”’
commands was programmed to thermal stabilize the photo subsystem.

The readout of the Goldstone test film was conducted in Orbits 12 and 14 with all three
stations recording. This verified capability for thereadout operations. Photography started
during Orbit 52 on November 18, and proceeded normally through Orbit 102 on Nov-
ember 25. The nominal photo mission plan was followed, except for a shift of Site
S-10 to a location with more favorable illumination by NASA direction, the V/H sensor
was not turned on for theoblique Sites S-16 and S-17. Observation of reassembled photo-
graphs and analysis of average density data indicated that exposures were generally sat-
isfactory, within the limits imposed by the transmission spread between the two lenses.

The PS temperatures followed the warming trend of the spacecraft temperatures during
the photographic/priority readout mission phase. The priority readouts were shortened
from 43 minutes to 27 minutes after Orbit 82, which stopped this warming trend in the
PS short of the 75°F Bimat storage temperature limit.

Spacecraft film processing was conducted as in the nominal mission plan, except where
altered by operations directive. Fifty-three processing periods,which were required to
meet the mission specification, generated 53 stoplines with associated degradation of about
0.5 inch of film. Approximately 25% of thespacecraft film was processed with Bimat that
was partially dried out. Bimat cut and clear were completed normally in Orbit 105

Final readout was conducted to minimize the readout period. The only constraints ob-
served were TWTA temperature and Sun and Earth occultations. The thermal history of
the PS indicated that readouts longer than 86 minutes (two frames) could be performed.
the average final readout was 2.8 frames per orbit. The PS heaters were inhibited
throughout final readout and all temperatures followed expected profiles.

63




USOFT FOCUS”

During priority readout, a complete medium-resolution frame was generally read out
along with portions of thetwo adjacent high-resolution frames. The video engineers began
reporting “'soft focus” in the second high-resolution frame scanned during the readout.

The change in focus was rather abrupt when going from the medium-resolution frame to
the high, which suggests a problem in the telephoto camera. However, it was felt that a
change in the photo video chain (PV() focus during readout could also be responsible
and this could be easily checked. Therefore, during readout sequences 917 and 023, the
readout was stopped and the focus pattern noted and photographed. No change in the
focus pattern was detected. As a further check during sequence 025, the PVC was opti-
mized at the beginning of readout. It was found that the PVC was at optimum focus
setting and no change was made.

From this it was concluded that the problem was not in the PVC. Not enough of the re-
constructed pictures have been inspected at the time of this writing to fully analyze this
condition. Only extensive analysis of the pictures can establish the importance of the
effect, and its relation to system specifications.

PB-04 SHUTTER COUNTER ANOMALY

The shutter count telemetry of the photo subsystem provides data on the number of 610-
mm focal-plane shutter operations. The signal, SLT, that starts the 610-mm shutter action
also triggers a five-stage binary counter. Throughout Mission II the shutter counter be-
haved erratically. The flve modes of counter operation during the mission were:

1) Correct counting;

2) Double counting;

3) Half counting;

4) No counting;

5) Indeterminate counting.

Shutter count data for each photo sequence of Mission II is included in Table 3.2-11.

Table 3.2-11: Shutter Count PB-04 Data

Correct PB-04 Actual PB-04
Orbit Site Counts Counts

51 Film Advance 8 17
1 2

1 2

1 2

52 P-1 16 32
S1 4 8

53 S-2a 4 8
54 S-2b 4 8
55 S-3 1 2
56 S-4 1 2
57 pP-2 8 16
59 P-3a 8 16
60 P-3b 8 4
61 P-4 8 0
62 P-5 8 8
64 S-5 1 1




Table 3.2-11: Shutter Count B - 04 Data (Continued)

Correct PB - 04 Actual PB - 04
Orbit Site (Counts (‘ounts
66 P-6a 8 3
67 P-6b 8 0
69 S-6 1 0
71 S-7 1 1
73 S-8 1 1
75 S-9 1 0
76 P-7a 8 0
77 P-7b 8 0
79 S-10.2 1 0
80 P-8a 8 0
81 P-8b 8 0
82 P-8¢ 8 16
83 S-11 1 2
85 P-9 8 16
86 P-10a 8 16
87 P-10b 8 16
89 S12 1 2
91 P-11a 8 8
92 P-11b 8 8
93 P-12a 8 8
94 P-12b 8 8
96 S-13 1 1
97 S-14 1 1
98 P-13a 8 8
99 P-13b 8 8
100 S-15 1 1
101 S-16 1 1
102 S-17 1 1
103 Film Advance 16 16
104 Film Advance 4 4

In the following sections, the film handling system, V/H sensor, and photo-video perfor-
mance are discussed. Certain departures from ideal performance are discussed, but except
for processing defects and the shutter count problem, they are not true anomalies and did
not result in significant data loss. These points are included as part of the operational
history of Mission II. For complete discussion of the photographs taken on Mission II,
refer to Volume I1I of this document.

FILM HANDLING SYSTEM

Camera Film Advance

The absolute accuracy, =5%, of the camera looper content telemetry limits the ability to
determine if the film advance was within specification (11.69 =0.12 inches per advance).
However, the film advance per photoframe as calculated from telemetry was, in all cases,
nominal = 1 telemetry bit. Also, film advance length determined from frame readout
time verified nominal advance. Some frames had timecodes overlapping the first framelet
of a subframe. This condition falls within normal film advance tolerances.

Film Advance Through Processor During Processing

The average processing rate during Mission Il was 2.408 inches per minute, as deter-
mined from telemetry. This rate is well within the specified 2.4=0.1 inches per minute
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rate. 'lh‘hc rates calculated during processing sequences varied from 2.31 to 2.57 inches
per minute. Telemetry accuracy influenced the apparent processing rates for short pro-
cessing sequences, resulting in the above wide range of calculated rates.

PROCESS ANOMALY

In addition to the Bimat processing defects inherent in the operational employment of the
system (dryout, stoplines, etc.), several frames with significant data loss were reported
by the video engineers. The affected areas were in F'rames 101, 102, 103, 104, and 119,
The observed patterns were attributed to air inclusions in the Bimat. The impact on the
mission cannot be determined without film analysis of all affected frames.

80-MM-LENS TRANSMISSION

As discussed previously, the high 80-mm-lens transmission relative to the 610-mm lens
caused a number of overexposed wide-angle frames. Average density measurements and
data received from Kastman Kodak Company indicated about a one-stop difference
between the two lenses.

V/H SENSOR PERFORMANCE

The V/H ratio, as indicated by the PRO1 telemetry channel, was plotted against time
for each prime-site photo sequence. These plots will be found in Volume VI, Appendix
E. A smooth curve was drawn through all the data points to allow interpolation for the
actual photo times. In many cases, an extrapolation to the last frame time was required.
The time used was GMT corrected to actual spacecraft time at which the ratio was sam-
pled. The correction was -4.4 seconds relative to the GMT tag of the telemetry frame
and includes transmission time and the time position of PRO1 within the frame.

The predicted V/H ratios for each photo site are also shown in the plots and were
taken from the postmission EVAL analysis. The V/H operation was within the nominal
accuracy of the system (1 to 2 milliradians per second). The only exception is Site 1IP-5,
but in this case the spacecraft was rolled to a point target and the V/H EVAIL prediction
was no longer valid.

The telemetry values of V/H varied from the EVAL prediction from +0.4% to -4°%. The
average deviation for Mission Il was -2.38% as compared to -87, average deviation for
Mission I. This shows appreciable improvement in the predictions for the later mission.

3.2.3.2 Power Subsystem

Power subsystem performance throughout Mission II was exemplary. Solar array cur-
rent was higher than in Mission I, primarily due to an increase in solar constant com-
pared to Mission 1. This had theeffect of masking the expected degradation of the array.
Due to the absence of a shunt regulator fault in Mission II, the electrical loads were
lighter than in Mission I. Consequently, batteries did not discharge to the extent experi-
enced in Mission I, and battery temperatures were lower.

POWER SUBSYSTEM PERFORMANCE
Solar Array

Due to the elliptical path ofthe Earth about the Sun and the time of year, the solar array
on Lunar Orbiter Il was operated under solar intensities significantly higher than those
of Mission 1. The solar intensity in Earth space at launch for Mission I was 1.945
Langleys/min., and had increased to 2.034 Langleys/min. at Mission II launch. This
4.6Y% increase in solar intensity corresponds very well with the increase in maximum array
power from 389 watts for Mission 1 to 407 watts for Mission II. The solar panel tem-
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perature extremes seem to have reacted to the more intense solar environment, as shown
in the following tabulation.

Panel Temperature Mission 1 Mission 11
Minimum (°F) -190 -173
Maximum (°F) 210 214

As solar intensity continued to increase through Mission II, it tended to compensate for
degradation of array performance. Although the measurement tolerance of array current
exceeds the magnitude of apparent degradation, itappearsthat array degradation did not
exceed 2%, through Orbit 200. Figure 3.2-26 shows array output plotted against temper-
ature for Orbits 3 and 90.

It is interesting from an operational standpoint to note that the array provided a con-
venient tool to verify spacecraft attitude in pitch and yaw. At a given array voltage and
temperature, the array current is very nearly an exact cosine function of the angle be-
tween the Sun vector and a line normal to the panels. As this angle is the vector sum of
the pitch and yaw angles, and as the shunt regulator holds array voltage constant, cal-
culations and predictions of attitude in pitch andyaw could be corroborated with a read-
ing of array current taken with proper consideration of array temperature.
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Figure 3.2-26: Array Output vs Temperature
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Battery

In general, Mission Il imposed a lighter load on the battery than Mission 1. The space-
craft equipment mounting deck temperatures were on the order of 5°F cooler and night-
time loads were lighter by the amount ofthe shunt regulator fault of Mission 1. Thus, as
would be expected, end-of-discharge voltage remained higher, and depth of discharge
was not as great. As shown in Figure 3.2-27 the end-of-discharge voltage is estimated to
be 24.25 volts at the end of the photographic mission. Although sunrise was still not
visible at the end of the mission, this value could be extrapolated with a fair degree of
accuracy. Figure 3.2-27 provides a profile of the discharge depth through the mission. It
is noted that calculations of discharge depth scatter more widely during the part of the
mission in which part or all of the Sun occultation period occurs during Earth occulta-
tion. During this time, sunrise and/or sunset as well as battery current are predicted.
Assuming an actual battery capacity of 13 ampere-hours, the depth of discharge varied
between 24.5 and 287, for most of the mission.

Prior to inhibiting the photo heaters in Orbit 110, the depth of discharge was a strong
function of spacecraft temperature. As the spacecraft temperature increased between Orbits
35 and 75, the heater thermostats called for less heat with an attendant reduction in dis-
charge.

The battery overcharge ratio is the ratio of ampere-hour input to output and provides
an index of battery and charge controller operation associated with energy balance. A
ratio of 1.35 has been recommended as reasonable for battery temperatures of 90 to

END-OF-DISCHARGE
BATTERY VOLTAGE

5 24.4 —_———
> H ~—__——__~-_
> 24.2 5 -
& be———SUNRISE OCCULTED
= 24.0
-

23.8

23.6

0 50 100 150 200
ORBITS

~ 5 : NIGHTTIME PARTIALLY OCCULTED
3 1
- )
z 30 te— PHOTO HEATERS
Y S MOl -
w ad B
O
o
<
I
1
4]
(o}

0 50 100 150 200
ORBITS, BATTERY DEPTH OF DISCHARGE

Figure 3.2-27: Battery Characteristics
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95°F. During Mission 11, overcharge ratios ran from 1.50 to 2.0 with the average
around 1.65. This indicates a large energy surplus that was dissipated from the battery
as heat.

Battery temperatures remained quite moderate throughout the mission. The trickle charge

mode of operation was never initiated because temperatures did not reach 125°F during

daytime operation. The mission maximum (occurring at night) was 128°F with orbital

gmgxximums generally running 85 to 90°F and orbital minimums varying from 50 to
°F.

Charge Controller

The charge controller constant-current mode of operation maintains the charge rate of
2.85 amps as long as battery temperature and voltage sensors indicate that this is a safe
rate. When the voltage-temperature combination indicates that the charge rate should be
limited, the charge controller goes into its constant-voltage mode of operation. It typically
takes from 80 to 90 minutes after sunriseto reach this point. The constant-voltage charge
rate is then determined by battery temperature. Acooler battery accepts charge at a lower
rate. As it heats, the rate increases.

The significant difference in charge controller operation between Missions I and II was
the greater suppression of charge rate imposed by the constant-voltage mode of operation
in Mission II. Within 15 to 18 minutes after going into this mode, the charge decreased
to the order of 1.5 to 1.8 amps. This is compared with suppressed rates of 2.2 to 2.5
amps during Mission 1. The reason for thedifferent levels was the cooler temperatures at
which the Mission 11 battery operated.

Shunt Regulator

This unit-with its associated dissipative elements-worked flawlessly in Mission II. By
dissipating as much as 263 watts at times, the bus voltage was limited to exactly 30.56
volts, from which it never deviated during sunlight hours.

Spacecraft Loads

The electrical load imposed upon the power subsystem by other subsystems varied
throughout the mission from a minimum of 3.37 amps (base load with photo heaters
inhibited) to 8.23 amps during engine burns. The night-time load averaged near 4 amps.
The readout load was typically 6.68 amps. Becausea significant portion of the total load
is imposed by thermostatically controlled heaters, thetotal at any given time is a function
of spacecraft temperature. Table 3.2-12 presents atabulation of values representing typical
ranges of load current encountered in different modes of operation. The night-time load
currents are also a function of thebusvoltage, which decreases as the battery discharges.
The constant-resistance loads draw less current as the night progresses, and the constant-
power loads draw more. The losses within the power subsystem itself are approximately
0.28 amp.

Flectrical Power Management Program

The computer program HUBL was devised primarily to maintain an accounting of the
spacecraft battery state of charge. This is accomplished in the status mode of operation
by integrating battery current for each data frame interval. The energy input during
charging is modified by a calculated rate of efficiency. To maintain continuity of battery
status calculations through periods of Earth occultation, values of battery current and
temperature calculated by the predict mode of operation are used.

A sufficient backlog of data and experience is available from Mission II to devise a sys-
tem for approximating battery data during Earthset without having to resort to the time-
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'Table 3.2-12: Typical Current by Mode

PHOTO

HEANTERS

SPACEKECRAFT

1LOAD

KEOT (AMPS)

MODE MIN. NOM. MAX.
DAYTIME
X CRUISE **| 337 3.49 3.74
X i 0 0.51 0.63
ae 0 1.40 2.20
X 0.12
X CRUISE 3.37 4.00 4.38
X N 3.37 4.89 5.95
X 1.85
X X 5.22 5.85 6.23
X 5.22 6.74 7.80
X 1.60
X X TWTA ON 4.97 6.49 7.45
X X TWTA ON 4.97 5.09 5.35
X X R/OELECT.ON|  5.38 6.50 6.76
X X X READOUT 6.62 6.74 7.00
X X | PROCESS 4.68 5.35
NIGHTTIME
X CRUISE 22,1 459 3.56 3.88
X X oA e | 39 3.96 4.14
0.15
X X mgm’& 4.05 411 4.29
X 1.36 1.50 1.55
X X X 5.27 5.46 5.69

*HEATERS INHIBITED
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consuming predict mode. During Mission 11, sequential status runs using averaged pre-
dictions of charge-discharge rates were tried. Modifications to HUBL to select the correct
battery current constant automatically are in work.

l.aunch to Sun Acquisition

IFrom the first use of internal power during prelaunch to Sun acquisition, the batteries
discharged approximately 4.2 amp-hours, giving a depth of discharge of 32.3",. Within
35 minutes after Sun acquisition, the full charge rate had begun to taper with the con-
stant-voltage mode of operation and was 0.73 amp within another 30 minutes. The array
deployment sequence was not acquired on telemetry, but the array was deployed and

supplying 13.27 amps at 30.56 volts by 55 minutes and 50 seconds after liftoff. '

Cislunar Through Orbit Injection

The first 16 hours of cislunar flight were flown with the Sun acquired, during which time
the array temperature stabilized at 91°F, the battery at 95°F. As the battery heated, the
charge current increased to about 1 amp, where it stabilized. Spacecraft loads were mini-
mal (about 110 watts) and the shunt regulator had to dissipate 253 watts or more.

Subsequently, the spacecraft was pitched approximately 36 degrees off the Sun and all
temperatures readjusted. The array cooled to 65°F and the battery to 85°F, which re-
duced the charge rate to about 0.8 amp, and the power dissipated by the shunt regulator
was reduced to about 170 watts. Solar misalignment was later increased to 40 degrees.

The Sun was again acquired 31 hours into the cislunar phase of the mission, and array
temperature for the first time attained its optimum 100 to 107°F temperature. Array out-
put peaked at 13.33 amps (407.4 watts).

The total load during engine burn was 8.1 amps at the midcourse maneuver. Array
power was still sufficient to maintain the busvoltage at 30.56 volts with 63 watts surplus
being dissipated in the shunt regulator.

After the midcourse maneuver, when the spacecraft was again pitched 36 degrees off the
Sun, battery and array temperature settled back into the 70 to 80°F range with a corre-
sponding adjustment of electrical parameters.

Prior to orbit injection, the ‘*heater inhibit”” was removed. From this time until it was re-
applied after completion of the photo orbits (Orbit 110), the spacecraft load current re-
flected the variable cycling period of the photo heaters.

The battery was discharging at rates from 4.12 amps to over 8.23. amps from the time
the spacecraft went into the shadow of the Moon until the time that Sun was reacquired
in the first orbit. Energy discharge was 3.58 amp-hours for a discharge depth of 27.5%.
During the 11-minute engine burn, battery voltage dropped from 24.32 to 23.68 volts.
The charge controller had restored the battery voltage to 29.28 volts 84 minutes after
sunrise and had gone into the constant-voltage mode of operation.

Initial Orbits Through Orbit Transfer

Typical orbital array performance is illustrated by Figure 3.2-28, showing array tem-
perature and current during the initial highorbits(1 to 33). Typical battery performance
is illustrated by Figure 3.2-29, showing battery current, voltage, and temperature for
Orbits 8 and 9. For this battery charge-discharge cycle, depth of discharge was 27.5%
and overcharge ratio was 1.74.

Tank deck heaters were turned on periodically during Sun presence; under these condi-
tions, the total spacecraft load was almost 6 amps. With the Sun acquired as it was for
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Figure 3.2-28: Array Characteristics During Initial ( High) Orbit

the first 20 orbits, there were still 5 to 5.5 amps of surplus current. Readout capability
was tested during this phase; maximum total load was 6.62 amps.

Maximum orbital battery temperature had been slowly increasing to 94°F in Orbit 16,
at which time the spacecraft was pitchel off Sun 36 degrees for one orbit. This had a
temporary cooling effect that helped for three or four orbits, after which the previous
maximum temperatures were attained. In Orbit 20, the spacecraft was pitched off the Sun
32 degrees and left there. Maximum battery temperatures typically were 78 to 80°F.

The orbit transfer maneuver had no significant impact on the power subsystem.

Photo Orbits

The low orbit,although approximately 8.7 minutes shorter than the high orbit with night
periods approximately 1 minute longer, had no significant effect on energy balance. As
the mission progressed, Earth occultation blacked out aperiod of telemetry that first con-
cealed sunset in Orbit 79. Sunrise and all night-time operation was first concealed in Orbit
116. Sunset again reappeared in Orbit 119, but sunrise (and end-of-discharge voltage)
was not visible throughout the remainder of thephotographic mission. During this period,

callculations of discharge depth and battery voltage were based on predictions and extra-
polations.

Battery operation during the readout orbits is illustrated by Figure 3.2-30, which shows
voltage, current, and temperature during Orbits 108 and 109 selected as typical.
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The electrical loads supported by the power subsystem during each phase of the photo
orbits and ecach mode of operation are tabulated in Table 3.2-12. For each mode of
operation that includes thermostatically controlled heaters, the total spacecraft load will
vary between the minimum and maximum values shown, with the nominal value being
associated with average spacecraft temperature conditions. The total load during
camera operation is taken as an extension of the processing mode.

Spacecraft attitude during the normal photo orbits (through Orbit 178) varied from §
or 10 degrees off Sun for photography to 38 degrees off Sun for cooling purposes dur-
ing readout. The solar array misorientation associated with these maneuvers had no
effect on the power subsystem operation beyond reducing the current drawn by the shunt
regulator to maintain bus voltage at 30.56 volts.

After the traveling-wave-tube-amplifier problem in Orbit 179, the spacecraft was pitched
over 50 degrees off the Sun for maximum cooling. Bus voltage then dropped to the
level of battery voltage for approximately 1 minute while supporting a 5.05-amp load.

3.2.3.3 Communications Subsystem

Communications subsystem performance was satisfactory throughout the mission up to
the time that the traveling-wave-tube amplifier (TWTA) would not turn on. This
occurred within 12 hours of the planned end of the mission. There were no errors in
any of the verified command words executed by the flight programmer. Transponder
performance was satisfactory. Telemetry data showed that rf output power varied in-
versely with the transponder temperature as expected.

Both high- and low-gain antennas performed successfully and were properly deployed
when the spacecraft was initially acquired by Woomera DDS-41.

Some increases in the TWTA helix current were noted at turn-on beginning in Orbit 74
and continuing through priority readout. Beginning with the final readout, an addi-
tional increase in helix current was noted at each turn-on. Although these turn-on

indications were not normal, the TWTA output was normal until the unit failed to turn
on,

LAUNCH TO ACQUISITION

The communications subsystem functioned nominally from the time of liftoff. Telemetry
data received via the Agena interface provided real-time data at the SFOF from liftoff
to 24 minutes after launch with only 3 minutes of bad data. When data loss occurred,
the communications subsystem was functioning normally in Modulation Mode 3 (per-
formance telemetry). Real-time data at the SFO}' was not again available until well
after cislunar injection.

CISLUNAR TO INJECTION

Cislunar injection occurred 21.5 minutes after launch and immediately prior to the first
S-band acquisition by the DSN. Acquisition reports received from the DSN show that
DSS-72 (Ascension) acquired the spacecraft 21.6 minutes after launch at a signal
strength of -135.1 dbm. (This acquisition occurred approximately 10 seconds after the
Agena second burn terminated and 4.3 minutes prior to the start of the spacecraft
antenna deployment.) Other acquisition reports show that, almost simultaneously with
the initiation of Sun acquisition, at 27.6 minutes after launch, DSS-51 (Johannesburg)
acquired the spacecraft two-way at a signal strength of approximately -111 dbm and
remained in contact for about 11 hours. (It is noted that DSS-51 acquired the space-
craft prior to the stored program switchover to Mode 4.)
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At 51.3 minutes after launch, D8§$-41 (Woomera) acquired the spacecraft three-way
with DSS8-51 and it is again noted that DSS-41 acquired while the spacecraft was trans-
mitting in Mode 3. No signal strength level at the time of DSS-41 acquisition was re-
ported; however, just after the spacecraft switched to Mode 4 at 54.1 minutes after
launch, the signal strength was -108 dbm. This signal level is within 3 db of the value
predicted for initial acquisition.

Real-time data from three-way station 41 became available again at the SFOF 61
minutes after liftofl. The communications subsystem measurements indicated that the
spacecraft signal strength (AGC) was within allowable limits. The static phase error
(SPE), however, was high (+6 to +9 degrees) but well within the phase lock capabili-
ties of the spacecraft transponder. The high SPE was due to frequency offset of the
DSS-51 transmitter.

The signal strength variations of both the ground receiver and the spacecraft did not
exceed 8.0 db during the 360-degree roll of the first star map. This variation was most
likely due to nulls in the low-gain-antenna radiation pattern. The occurrence of station
handover (DSS-51 to DSS-41) was of particular interest during the roll maneuver.
Immediately after handover, the spacecraft SPE changed to less than 0.5 degree, well
within the command limits of plus or minus 3.5 degrees.

Ninety-nine minutes after liftoff, DSS-41 commanded Mode 4 “off.”” The decrease in
ground signal strength resulting from the change to normal Mode 3 was 5.5 db; this
value is approximately the maximum value that can be obtained from the best-case
tolerances of the communications subsystem.

Two high-gain antenna maps were obtained during 360-degree-roll maneuver star map-
ping operations. The antenna maps show that the spacecraft roll position determined
by the attitude control subsystem and by antenna boresight agree within 2 degrees.

FIRST ELLIPSE TO FINAL READOUT-LINK PERFORMANCE

Telemetry Link

Downlink telemetry operation throughout the mission was excellent with normal signal
level margins of from 1 to 3 db above the nominal link design during the orbital phase
of the mission. Early in the mission it was discovered that the Modes 1 and 3 30-kc
oscillator in the modulation selector was operating approximately 110 Hz above nomi-
nal center frequency. This created a slight problem in connection with “locking up” the
ground demodulators until the tuning range of the demodulators was checked and re-
adjusted as required.

Command Link

No problems were encountered with the uplink operation throughout the mission. DSS
transmitter power levels during lunar orbit were normally held at 1 or 2 kw and signal
level margins at the spacecraft were normally from 3.5 to 7.5 db above the nominal
design. The spacecraft AGC measurement (CEO8) closely followed DSS transmitter
power changes as well as carrier suppressions caused by command or ranging modu-
lation. For constant transmitter power levels the spacecraft AGC measurement indicated
a 2.5- to 4.5-db variation each orbit due to transponder temperature changes.

Video Link

The performance of the video link was very satisfactory throughout the mission up to
the time the TWTA would not turn on. High gain antenna pointing errors were mini-
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mal, evidenced by the signal level readings taken at the DSS stations during readout.
These readings varied from -90.0 to -98.5 dbm, which corresponds to video margins of
7.5 db above and 1.0 db below the nominal link design. The signal levels for most of
the mission were from -92 to -95 dbm, which yield video margins of 5.5 to 2.5 db over
the nominal link design. During the mission, no readout was degraded by low signal
levels from the spacecraft.

COMPONENT PERFORMANCE
Transponder

The performance of the transponder was very satisfactory throughout Mission II. The
transponder output power was 100 to 150 mw lower than that obtained from the Mis-
sion [ transponder; however, it was well above the specification limit of 400 mw until
the latter portion of the mission, when it went as low as 379 mw when transponder tem-
peratures of 100°F were reached.

The telemetered transponder output power indication, CE10, varied inversely with tem-
perature with typical values of 466 mw at 65°F and 422 mw at 90°F. The minimum
output power is of greatest concern, and is best illustrated by Figure 3.2-31, which is
a plot of minimum transponder power and maximum transponder temperature for each
orbit of the mission beginning at lunar injection. Contrary to Mission I indications,
the transponder output power seemed to be dependent only on temperature and did not
exhibit *step function” changes observed in Mission I. Figure 3.2-31 does, however,
indicate that transponder output power appeared to degrade as the mission progressed.
For example, in Orbit 34/35 at a temperature of 85°F, CE10 indicated 438.5 mw as
opposed to 425 mw in Orbit 134/135 (same temperature). This degradation appears
to have started sometime around Orbit 45; however, it is possible that this phenomenon
is due to misleading data caused by the thermal inertia of the transponder.

Early in the mission it was noted that the ranging code transmitted from the space-
craft was reversed in phase with respect to the code being transmitted to the spacecraft.
Because DSN personnel had not been properly instructed, this situation created prob-
lems in the DSN ranging equipment and, as a result, completely accurate range data
could not be obtained. It was an unnecessary problem because the reversal was known
before launch and should have been accommodated by operation of a switch prior to
any ranging operations.

The signal level indicated by the transponder automatic gain control (AGC), CEO0S,
reflected the effect of increasing range during cislunar flight, as well as changes in
ground transmitter power levels. In most cases, CEO8 tracked the reported changes
in ground transmitter power within 1 db. Command modulation on the uplink was
clearly evident on CEO8: one tone causing a decrease of about 2 db, andtwo tones
causing a decrease of 3 to 4 db. Ranging modulation caused the uplink carrier power
(CE08) to decrease by approximately 8.5 db as expected. CEO8 was also found to
vary with transponder temperature. During a typical orbital temperature cycle of
approximately 21 degrees, changes of 2.5 to 4.5 db were noted for CE0S8.

During the latter part of the mission it was noted that the sensitivity of the transponder
AGC measurement appeared to be slowly increasing, i.e.,, a particular DSS transmitter
power and transponder temperature at the end of the mission produced an AGC value
2 to 3 db higher than comparable transmitter powers and transponder temperatures at
lunar injection. This fact is substantiated by the glots of Figure 3.2-32, which show
data values taken at Earthrise throughout the orbital phase of the mission. Figure
3.2-32 also shows CEO8 normalized to a constant DSS transmitter power of 2 kw.

From this normalized plot it is evident that at approximately Orbit 120 CEO8 begins
to slope upward, i.e., increase in sensitivity. In Orbits 45 and 150 (equal transponder
temperatures of 65°F), the difference in the CEO8 indication is approximately 3 db, -90
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Multiplexer kEncoder

I'he multiplexer encoder functioned perfectly throughout the mission. All telemetry chan-
nels performed properly, indicating that all channel gates were operating; KEO1 signal
conditioner zero reference and K08 precision power supply voltage were constant at 0
mv and 20.00 vdc, respectively, indicating correct coding of analog channels; C(C01
spacecraft identification, CC03 command verification word, CC06 external-internal clock,
and the telemetry frame marker were correct from start to finish, indicating correct pro-
gramming in the multiplexer encoder. Occasional samples of these measurements in-
dicated a switch to internal clock. Closer examination revealed that the error oeccurred
generally in an area near a bad data frame and that the programmer did not enter the
halt mode (indicating no clock switch occurred). It is concluded that if any faults
occurred they were transient in effect, that their occurrence was not progressive, and that
performance of the multiplexer encoder did not affect the operation of the mission.

Command Decoder

The command decoder performed precisely as planned throughout the mission. There
were no errors in any of the verified words that were executed into the flight pro-
grammer. Threshold command operation was approximately -123 dbm carrier signal
at the spacecraft, which was within 2 db of the prelaunch value..

Modulation Selector

Except for the frequency of the Mode 1 telemeiry subcarrier oscillator, the modulation
selector operation was satisfactory. The Mode 1 subcarrier oscillator operated approxi-
mately 110 Hz high throughout the mission and was high prior to liftofl. A failure re-
port has been written with a recommendation to measure subcarrier oscillator frequency
before launch.

Signai Conditioner

Operation of the unit was satisfactory. The additional unit installed for measurements
STO09 through ST12 appears to have performed satisfactorily. (E09, signal conditioner
voltage measurement, varied from 4.60 to 4.68 volts throughout the mission, which
is within the £ 1% stated in the measurement list.

High- and Low-Gain Antennas

Both the high- and low-gain antennas performed successfully during all of Mission IL
Verification of successful deployment was obtained from telemetry measurements C(C04
and CCO5. These are discrete channels that indicate 0 when the antenna is stowed and
1 when the antenna has deployed. CCO04 (low gain) and CCO5 (high gain) indicated
dbm in the former versus -87 dbm in the latter orbit. As a result of this apparent
increase in sensitivity, the DSS stations were required to decrease their transmitter power
levels as much as 5 db (from 2 kw) at times to comply with the command transmission
limit of -90 dbm for spacecraft AGC.

The transponder static phase error (SPE), CEO6, displayed a sinusoid-like cycle vari-
ation during each orbit of the mission, with the average total excursions being equal to
about 4.75 degrees. This variation was due to doppiler shift in the spacecraft received
frequency. The amplitude was generally centered about O-degree SPE with equal positive
and negative excursions. Immediately following lunar injection, the SPE went further
negative than positive due to inaccuracy in the initial doppler predicts. On occasion,
the SPE exceeded the command transmission limit of -3.4 degrees. This made it nec-
essary for the DSSs to change transmitter frequency to decrcase the SPE. No problems
were experienced after good orbit determination and doppler predicts were established.
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0 at launch; both indicated 1 after acquisition by Woomera. The gains of both
antennas were nominal. Based on DSS-received signal strengths and the communica-
tions system link analysis, the gain of the directional antenna was approximately 24.5
db and the omnidirectional antenna exhibited a normal pattern.

The high-gain antenna responded properly to all rotation commands. The antenna
rotated through a full 360 degrees during the course of the mission in addition to sever-
al 30-degree rotations to compensate for “‘pitching” off the Sun. In all of these rota-
tions the encoder that telemetered the rotation angle ((DO1) functioned perfectly.

Traveling-Wave-Tube Amplifier

During the mission, the TWTA was successfully commanded on and off for 129 cycles
with total operating time of 198.2 hours. This does not include three on-off cycles dur-
ing the two countdowns, but does include two cycles during cislunar flight for high-
gain antenna mapping and two during the initial ellipse for reading out the Goldstone
test-film. Priority photo readout began after the initial photography on Orbit 53 and
continued during each orbit through Orbit 104. Average TWTA operating time during
priority readout was 39.4 minutes per orbit. After Bimat cut, final readout was initi-
ated on Orbit 106 and continued until the TWTA failed to come on when commanded
during Orbit 179. Average operating time during final readout was 135.1 minutes per
orbit.

A detailed study of telemetry data which reflected TWTA conditions was made. Histo-
ries of EMD temperature, TWTA collector temperature and current, helix current and
voltage, and rf power output werestudiedin an attempt to establish a relationship betwcen
these functions and the TWTA failure. While these studies showed that helix current was
high and experienced step functions not occurring in a normally operating TW'TA, no
relationship between the abnormal helix current and the TWTA failure could be estab-
lished.

After extensive ground testing in an attempt to duplicate the failure conditions of the
spacecraft, it was determined that shorting of the TWTA helix power supply came very
close to explaining the failure. Many conditions could cause such a short, but the three
most promising appear to be:

1) High-voltage breakdown (corona) between Terminal #5 of the high-voltage
transformer and case;

2) High-voltage breakdown due to deterioration of insulation material by corona;
3) Failure of the filter capacitor in the high-voltage supply.

The most likely cause of the failure is considered to be Item 3. Until more information
is available, the TWTA anomaly must be considered as random. For further discussion
of this anomaly, see Appendix D in Volume VI of this document.

3.2.3.4 Attitude Control Subsystem

The Lunar Orbiter II attitude control subsystem met all mission objectives. All pro-
blems encountered were solved by changes in operational procedures, while meeting all
performance requirements. Nitrogen consumption was held to 5.5 pounds for the photo-
graphic mission. The spacecraft was flown off the sunline for about half the mission to
reduce degradation of the EMD thermal paint. Use of the Canopus star tracker was re-
stricted to sunset periods (except during cislunar flight) because of a tendency to track
other bright objects. This phenomenon has been tentatively identified as “"glint” caused
by reflection of sunlight from a variety of surfaces, including the Moon.
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The {light programmer responded correctly to every command received from the com-
mand decoder during the mission. (One-thousand two-hundred eighty-nine real-time com-
mands and 2282 stored program commands were received. Repetitive execution of
stored program commands accounts for an estimated total of 12,000 commands exe-
cuted by the programmer. Total programmer clock drift was 1.21 seconds. The pro-
grammer breadboard was used at SFOF to follow the mission sequence of commands

and maintain a check of flight programmer operations during spacecraft occultation
periods.

Throughout the mission the attitude control subsystem maintained stable operation for
both reaction control and thrust vector control. Control modes included: conventional
limit cycle (CL.C) in pitch and yaw using Sun sensors to hold closed-loop Sun lock, and
in roll using Canopus tracker roll error to hold closed-loop Canopus lock: inertial hold
(IH) using pitch, yaw, and roll gyros in rate integrate mode for position reference; and
constant rate mode (CR) using pitch, yaw, and roll gyros in rate mode for maneuvers.

ATTITUDE CONTROL SUBSYSTEM PERFORMANCE

During Mission II, the attitude control subsystem performed its many tasks within de-
sign specification. Two-hundred eighty-four single-axis maneuvers were performed dur-
ing the photographic portion of the mission. Maneuver accuracy of the attitude system
was -0.05, -0.02, and +0.11% for roll, pitch, and yaw respectively, which is within the
design tolerance., Attitude maneuver rates for all axes were within the design limits of
0.5 = 0.05 degree per second for maneuvers in narrow deadband. Maneuver rates in
the wide deadzone ranged from 0.039 to 0.058 degree per second.

Spacecraft orientation with respect to the Sun and Canopus was maintained within
= 0.2 and = 2.0 degrees, depending on the deadband commanded. Deadband accura-
cies were within telemetry resolution for narrow and wide deadzones except when oper-
ating with the yaw fine Sun sensors in narrow deadband, which produced a plus bias
of approximately 0.05 degree above the normal telemetry resolution.

Attitude control was maintained with the spacecraft pitched from 26 to 38 degrees away
from the Sun for approximately 56% of the mission. The “"pitched-off”’ attitude was re-
quired to reduce spacecraft temperatures and delay thermal paint degradation. Drifts
in the inertial reference were within design limits.

Stable control of the spacecraft attitude was maintained throughout three velocity control
engine burns for a total of 647 seconds. Spacecraft pointing accuracy and burn termin-
ation were performed within the design tolerances as far as could be determined from
the telemetry resolution. Operational methods used to control spacecraft attitudes are
presented below.

Cislunar Coast

The cislunar portion of the mission required a + 36-degree pitch off-Sun maneuver to
reduce temperatures and delay thermal paint degradation. Canopus was not being track-
ed automatically during the first pitch maneuver resulting in a roll error at the termina-
tion of the maneuver. A -9.0-degree roll maneuver was performed less than an hour
later to place Canopus on the negative side of the = 4.1-degree tracker field of view.
The spacecraft then drifted in the plus direction (+ gyro drift), allowing observation for
a roll gyro drift test. Canopus was later acquired while still in the field of view and the
spacecraft maneuvered back to the Sun. The second pitch maneuver did not cause a
roll error, since the spacecraft was automatically tracking Canopus within the deadband
tolerance of the attitude control subsystem. Subsequent pitch maneuvers for thermal re-
lief were made while locked on Canopus, thereby simplifying the control technique.
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Spacecradt Velocity-Change (AV) Maneuvers

The mideourse correction, lunar orbit injection, and orbit transfer mancuvers were per-
formed based on a normal Sun reference while in an automatic control mode.  The roll
axis was updated “open loop™ based on ground calculations. ‘This technique required
a roll update maneuver from 2 to 6 hours prior to the velocity correction. The roll
axis would then drift through zero error at the time the roll maneuver for the velocity
correction was initiated.  The required attitude control accuracy of = 0.2 degree with
respect to the Sun and Canopus was thereby ensured.

I’hoto Maneuvers

Accurate pitch and yaw photo maneuvers were possible during this phase of the mis-
sion because the spacecraft was locked on the Sun in 0.2-degree deadband. The roll
axis reference was updated by turning on the tracker for 3 minutes and acquiring (‘ano-
pus during Sun occultation. Automatic roll updating was more efficient and contained
less chance for error than manual updating; however, the roll axis inertial reference
drifted away from an ideal Canopus reference at the start of the photo roll maneuver.
T'he roll error for each photo was calculated based on a drift rate of + 0.5 degree per
hour and the location of the roll axis in the deadzone at the start of each roll maneu-
ver. These errors, as well as the pitch and yaw errors during the actual photo se
quence, are tabulated in Table 3.2-13. All pitch and yaw errors were within = 0.2
degree. The maximum roll error for a primary photo site was + 0.261 degree. Maxi-
mum roll error for a secondary photo site was + 0.357 degree. The majority of photo
sites had roll errors that were less than 0.2 degree. The figure also includes attitude
rate information for the shutter-open period for each photo site. These rates were much
less than the 0.01 degree per second design rate requirement.

In general, each photo site required a three-axis maneuver, usually a roll, yaw, pitch
sequence. There were 34 three-axis maneuvers, one two-axis maneuver, and four single-
axis maneuvers for photos during the mission.

The crab angle sensor was not used as an attitude reference at any time. No con-
clusions have been reached concerning the accuracy of the crab angle sensor or its prg-
per operation.

Readout .

Off-Sun operation was required throughout readout to satisfy thermal requirements and
retard thermal paint degradation. A plus-26-degree pitch maneuver was performed while
locked on Canopus at the beginning of readout. This maneuver was chosen as an op-
timum for both attitude control and communications within the power and thermal con-
straints. The plus maneuver allowed continuation of automatic updating of the roll
axis by acquiring Canopus during sunset. It was only necessary to monitor the yaw
axis to keep Canopus within the tracker field of view in yaw and at the same time
satisfy antenna pointing constraints. The pitch axis drift rate was +0.03 degree per
hour and required very little attention.

Roll and yaw data were readily available during readout since the spacecraft position
error did not exceed sensor telemetry saturation limits. The pitch axis, however, reach-
ed a Sun sensor telemetry saturation level at =-26.0 degrees. Pitch angles as high as 38
degrees were encountered during readout. It was therefore necessary to calibrate solar
panel array current versus total angles off the Sun to determine pitch attitude. Know-
ing the total angle off-Sun and the yaw angle, the pitch angle could be determined. This
procedure proved to be accurate within =0.3 degree over a period of several days.
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CONPONENT PERFORNANCI
Canopus Star ‘Pracker

The Canopus tracker was first turned on at 311:06:09:44, approximately 6 hours into
cislunar flight. The tracker acquired and tracked (anopus, indicating the spacecraft
was oriented toward Canopus at that time. This was verified by making a 360-degree
star map and a high-gain-antenna received signal strength map. ‘The roll error from
Canopus was then used In a closed-loop mode until the midcourse maneuver.

The first star map matched the a priori map farily well except for the appearance of a
broad (approximately 50-degree) object that had a peak map signal strength of about
4 volts. At this time, the larth had a clock angle of 130 degrees and a cone angle of
140 degrees. It was surmised that the karth, which was 30 degrees out of the field of
view in cone angle, was being reflected off the low-gain antenna boom and into

the tracker . The apparent lag in cone angle of the peak signal strength is consistent
with the location of the low-gain antenna.

The propellant squib valves were fired just prior to midcourse at 312:12:11:14. [m-
mediately thereafter, (Canopus track was lost and the attitude control system went into
inertial hold in roll. This resulted in a delay of the midcourse maneuver while a second
star map was made. [t has subsequently shown that loss of Canopus was not caused

by electromagnetic interference and may have been caused by dust shaken from the
spacecraft.

The second star map matched the a priori map fairly well but glint from the Karth was
again evident. In this case, however, the maximum signal due to Earth glint was down
to 1.1 volts due to the greater Farth range. After the second map, the Canopus track-
er continued to track Canopus but it was not used in a closed-loop mode to control the
system. Instead, open-loop roll update commands were transmitted to the vehicle as re
quired to maintain (‘anopus in the field of view and to zero the roll error in prepara-
tion for midcourse, deboost, and transfer maneuvers.

The deboost maneuver occurred during sunset. Immediately after sunrise, (‘anopus
was lost due to reflections of moonlight from the low-gain antenna. A subsequent ex-
periment established that (‘anopus could not be tracked reliably through the lighted
portion of the lunar orbit and that continued exposure to moonlight would degrade the
(Canopus tracker map signal voltage. As a result, it was determined that the tracker
should only be operated during sunset.

After transfer during photography and readout, the method of roll control adopted was:

1) Turn tracker on after sunset;
2) Acquire Canopus in closed-loop mode to update roll attitude;
3) Turn tracker off before sunrise.

The method worked well with reasonable nitrogen consumption rates and minimum
operational problems.

As of Saturday, December 3, 1966, the tracker had completed 165 on-off cycles and
139 hours of “on”’ time.

Sun Sensors

The Sun sensors performed as expected for Mission Il, providing a celestial reference
for a variety of non-nominal situations.




Initial Sun acquisition took place automatically within the required 60 minutes from
launch.  As soon as telemetry data was available during initial Sun acquisition (60
minutes after launch), it was observed that the Sun had already been acquired in pitch
and yaw. lkxact time of acquisition could not be determined. Reacquisition of the Sun
after Sun occultation or attitude maneuvers was performed approximately 120 times;
99 of these acquisitions were done in the narrow deadband and 21 were done in the
wide deadband. Kvery acquisition went as expected.

'I'he Sun sensor readings while occulted from the Sun are presented below:

Sun Sensor Output During Sun Occultation

Mode Pitch Yaw
Iine Observed T. M. +0.051 deg +0.061 deg
Ground Test +0.002 to +0.100 deg -0.034 to +0.061 deg
(‘oarse Observed 'I. M. +0.24 deg +0.41 to 0.69 deg
Ground Test -0.053 to +0.537 deg +0.126 to +0.690 deg

*NOTEF: Resolution of telemetry for coarse eye is 0.3 degree.

These values are close to those observed during ground testing, and are useful in as-
certaining null shift in sensor position readings when viewing the Sun.

The capability for switching between fine, coarse and fine, and coarse only Sun sensors
proved invaluable for "'off-Sun’ operation. There were only six pitch off-Sun maneu-
vers; however, 56% of the time was spent off-Sun. The ability to stay off-Sun using the
coarse Sun sensors greatly reduced nitrogen consumption. Yaw Sun sensor degradation
due to the large pitch attitude was higher than expected. At a pitch angle of 30 degrees,
yaw was cbserved to be degraded approximately 0.77 for Mission Il as compared to
0.75 for Mission I. ‘The predicted degradation for this case is cos 30 degrees, or 0.866.
Moonlight on the coarse Sun sensors caused shifts in error output for various portions
of the orbit. There was no effect on the mission.

Closed-1.oop Electronics

The closed-loop electronics (CLE) performed flawlessly throughout the mission. The
(CLE) successfully selected, on command from the programmer, the inertial reference
unit, Sun sensors, and Canopus star tracker, closing the loop between sensor outputs
and reaction control thrusters. The crab angle sensor modes were not used in conjunc-
tion with the attitude control system.

The minus-pitch Sun sensor limiter had a very "hard” limit at 26 degrees, while the
plus-pitch Sun sensor limiter had a very “soft” limit that allowed readings to be taken

at angles as large as 29 degrees. This difference did not affect operation of the attitude
control system.

The minimum-impulse circuit or *‘one shot” appeared to be operating between 11 and
14 milliseconds throughout the mission. A value of 11 milliseconds is nominal. Single-
pulse operation occurred approximately 70, 50, and 20% of the time for the roll, pitch,
and yaw axes, respectively.

Reaction Control Subsystem

The reaction control subsystem thrusters performed satisfactorily during the mission.
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The number of thruster operations for the photographic mission was estimated by re-
viewing vehicle telemetry data for the mission, and are tabulated below.

Thruster Operations

Mode Roll Pitch Yaw Total
[.imit Cycle 3,840 4,800 5,280 13,920
Maneuvers 514 420 406 1,340

T'otal 4,354 5,220 5,636 15,260

‘The individual thruster performance was evaluated for as many of the spacecraft maneu-
vers as possible. Actual, predict, and specification values for each axis are tabulated
below.

Thruster Performance

Axis Actual Thrust (1.b) Predicted (Lb) Spec. Values (I.b)
Roll 0.069 = 0.001 0.066 = 0.002 0.051 to 0.070
Yaw 0.064 = 0.002 0.058 = 0.003 0.045 to 0.062
Pitch No Data 0.057 = 0.003 0.045 to 0.062

The observed thrust appeared to be higher than the predicted values for roll and yaw.
there were no pitch maneuvers that allowed a pitch thrust determination. 'The pitch
thrust was probably 0.064 pound also. Roll thrust was within tolerance of specification
value and the yaw thrust was on the high side of the tolerance. These slightly high
thrust values in no way degraded the mission. Also, maneuver accuracy was not de-
graded in any way and nitrogen consumption was not increased perceptibly.

Slight cross-coupling was observed during maneuvers and limit cycle; however, in view
of the data observed it is impossible to estimate the magnitude of the cross coupling or
even to determine if it is caused by thruster misalignment or gyro cross-coupling.

Thrust Vector Control

Control of spacecraft attitude during the three engine burns was performed perfectly by
the thrust vector control subsystem. Residual rates after each burn were lower than
predicted maximums for stable limit cycle operations. The maximum residual rates for
all the burns were less than 0.07 degree per second.

During propellant bleed, the actuators moved away from center rather than recentering
because the pitch and yaw axes were in inertial hold rather than the rate mode. At first
midcourse the spacecraft recovered from these offsets without difficulty. At the propellant
bleed event, the forward loop gain of the TVC(C subsystem was proved to be nominal.

Travel of the center of gravity from nominal was minimal during Mission I1. Maxi-
mum excursion of the actuators for all the burns were: pitch +0.1 to -0.2 degree and
yaw +0.3 to +0.08 degree.

IRU Performance Summary

The inertial reference unit performed satisfactorily throughout the mission, accumulating
approximately 746 hours of “on’’ time from launch to the end of photo readout. The
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gyro rate integrate mode drift rates were within the design tolerance (=0.5 degree per
hour) throughout the regular mission in all three axes. 'I'he range of the pitch drift
rate was positive 0.2 degree per hour to zero. The roll and yaw axes drifts were
measured at approximately 0.2 degree per hour and +0.3 respectively to peak values
of 0.45 degree per hour. Mission drift rates were all positive while ground test drift
rates were all negative.

Spacecraft maneuver error was less than 0.11". for all three axes. This indicates that
the rate mode error for all the gyros was within the design specification of 0.1"..

No long-term changes were observed in any of the gyro wheel currents. The wheel
currents remained within the range of =59, of their respective nominal values throughout
the mission with one exception. The roll gyro wheel current randomly jumped from 3
to 9", above the nominal value and then eased exponentially to the original value.
This transient condition is attributed to positional changes of the rotating element due to
minute oil film thickness changes. No degradation of gyro life is expected since this
phenomena has been shown not to have a detrimental effect on gyro life in tests on
similar units by the vendor. All long- or short-term gyro temperature effects were with-
in the limits of test experience.

No direct method of evaluating accelerometer performance is available. ‘The tracking
data uncertainty in velocity determination is on the order of =0.1 meter per second.
Data analysis did not indicate accelerometer error greater than this value.

Nitrogen Consumption

Nitrogen consumption for the attitude control system for Mission Il is presented in Fig-

ure 3.2-33. Mission I usage and a prediction for Mission lI, based on actual Mission 1
events, are also presented for comparison.

EVENTS 1 2 3 4 5 6 7
| —
i

7 -

EVENT CODE
ACQUIRE CANOPUS MISSION | —=p~
15T MIDCOURSE e
INJECTION

TRANSFER
15T PHOTO

FINAL PHOTO

5L 7. END READOUT /

NO oW —

PRESSURE TEMPERATURE
VOLUME CALCULATION

h- GASL PROGRAM
DYNAMIC CALCULATION

N, USAGE (POUNDS)
F
I

NOTE: VCS GAS NOT INCLUDED

|
33 3% 4

an 316 k]| 326
GMT (DAYS)

Figure 3.2-33: Attitude Control Subsystem Nitrogen Usage
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It will be noted that nitrogen usage for Mission 1l is substantially less than that of
Mission I, cven though Mission It had 34 three-axis photo maneuvers as compared to

12 for Nlission 1. The. reasons for Mission [l low nitrogen usage as compared to
Mission | are:

1.) 'T'here was much less trouble with the star tracker in locating (‘anopus.

2.) 'I'he operational methods used to fly off the Sun were revised to eliminate a
large numbec: of pitch maneuvers,

3.) <\ substantial number of maneuvers and celestial reacquisitions were performed
in the wide deadband.

4.) No leakage problems occurred in the V('S system as in Mission 1.

.UI

l.ower gyro drift rates minimized the number of update maneuvers.

At Day 342, the amount of "'unaccounted-for’ nitrogen since launch was approximately
0.2 pound. This is 0.006 pound per day of unaccounted-for nitrogen, which indicates a
very small leakage.

As in Mission I, occasional multiple pulsing of the thrusters was observed during limit
cycle. ‘This again did not cause additional nitrogen consumption, however, due to the
presence of disturbance torques.

A slight disturbance, which occurred in one to three axes whenever the star tracker was
turned on during Mission 11, caused the additional use of a small amount of nitrogen.
However, it is estimated that this occurrence consumed only about 0.004 pound per day.
The total nitrogen used for Mission 11 through GMT 342:08 follows:

Attitude control system 5.50 pound

Velocity control system 3.14 pound
8.64 pound

Initial Ng at launch 15.15 pound

Nitrogen available for extended

mission 6.51 pound

The maneuvers performed on Mlission [l from launch through GMT 342:00:00 are
given below.

Maneuvers
Purpose of Maneuver Roll Pitch Yaw Totals Planned
Totals
Star map 3 0 0 3 3
Attitude update 14 3 13 30 25
Thermal pitch-off maneuver 0 9 0 9 6
Velocity change 6 6 0 12 12
Photo maneuver 80 66 70 216 216
Other 8 6 0] 14 4
Total 111 90 83 284 266




Number of 't'otal Done In:
Narrow deadband 98 82 78 258
Wide deadband 13 8 5 26

Celestial Reacquisitions

Narrow leadband Wide Deadband Total

Canopus acquisition 139 7 146
Sun acquisition 99 21 120

ULIGHT PROGRAMMER AND SWITCHING ASSEMBLY PERFORMANCE

The programmer clock error was - 1.21 seconds at the end of Mission Il. From clock
start (launch minus 3 minutes) until November 25, the error rate was - 1.85 milli-
seconds per hour. I'rom November 25 to December 7 (end mission) the drift rate
changed slowly from - 1.85 milliseconds to - 0.77 millisecond per hour, for a mission
average of -1.60 milliseconds per hour. This drift rate is 47", of the rate allowed by
the design specification. '

The following commands were not exercised during Mission 11

1.) Terminate (TER);
2.) Slow four-picture sequence (AE, AF, AH);
3.) Slow eight-picture sequence (AE, AF, AR);
4.) Slow sixteen-picture sequence (AF, AF, AH),
5.) Switch yaw control ON (VHO);
6.) Switch yaw control OFF (VHO*);
7.) RF OFF (CF);
8.) Radiation dosage measurement OFF (CL);
9.) Power mode select OFF (PMS*);
10.) Accelerometer OFF (ACO*). )

Interlocking command functions are those performed by the programmer in response to
other spacecraft subsystem (excepting the command decoder) stimuli. For example, in
response to a Sun occultation signal from the power subsystem, the spacecraft clock
value at occultation is stored in the programmer memory. Several interlocked command
functions were not exercised:

1.) Acquire canopus plus;
2.) Acquire Sun yaw;
3.) Acquire Sun pitch;
4.) Clock switchover.

Items (2) and (3) were commanded during initial Sun acquisition; however, the space-
craft did not maneuver since the Sun had already been acquired.
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PROGRANINER AND SWITCHING ASSEMBLY ENVIRONMENT
Temperature Range

The flight programmer was subjected to a maximum temperature of 112°1 and a mini-
mum temperature of +51°1° during Mission 11.  All flight programmers have been
functionally tested (functional analysis test) over the environmental temperature range
of + 85 to + 40°F. One flight programmer has been tested over the temperature envir-
onment of + 100 through + 32°F (qualification test). It should be noted that the flight
programmer of Mission |l operated at a temperature about the maximum qualification

value. In addition, the Mission I maximum temperature was higher than that of Mis-
sion 1 by 5°I°.

The switching assembly was subjected to +68°F maximum and +43°F minimum temper-

atures during Mission II. The temperature environments of the tests conducted on the
switching assemblies were identical to those of the flight programmer.

Supply Voltage Range

The maximum bus voltage in the spacecraft was 30.56 volts and the minimum voltage
was 23.6 volts (extrapolated). The flight programmer and switching assembly were tested
and proven over the voltage range of +21 to +31 volts.

SWITCHING ASSEMBLY OPERATION

All commands interfaced by the switching assembly were performed correctly. During
Mission II all switching assembly commands were exercised.

FLIGHT PROGRAMMER BREADBOARD

As in Mission I, the programmer breadboard '‘followed’ the mission in real time from

launch countdown through the end of photo readout. As each command sequence was

sent to the appropriate DSS, a papertapewas being punched in the MSA #2 area. When
the command sequence was transmitted to the spacecraft, the tape was inserted into the
programmer breadboard. During Earth occultation, operation of the flight programmer
was followed at the SFOF by observing breadboard performance.

Countdown commands and Mode 2 commands sent to the DSN before the mission were

punched on paper tape as they were being sent and were then checked on the program-
mer breadboard.

99 ee

*Map loading,” “‘ranging on,” and''ranging off’’ real-timecommands were followed with
a SPAQO5 real-time command as in Mission I. This prevented zeroes from being stored
in any memory location other than location 005 when a subsequent ""ranging on™ or
“off* RTC might increment the stored program address (memory location 004). " R}F on”
and “rf off”” RTC’s could havecaused thesame anomaly, but were not used after launch.

Mission II was flown with an infinite jump in memory location 006 when repetitive Sun
occultation time storages were not anticipated.

FLIGHT OPERATION EVALUATION

Hardware

The functional capabilities of the flight programmer provided the control required to fly
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the spacecraft during Mission I1. However, the following changes-—-suggested by the pro-
grammer analyst group after Mission I--would complement theexisting design capability.

1) Design the compare time (COT) instruction so that it would increment its time
value address after a comparison had occurred instead of at the initiation of the
COT command. This would allow real-time exit from a COT, performance of a
subprogram, and re-entry to the COT command without restorage of the COT
time value address.

2) Design a stored program maneuver command whose maneuver-type-and-value
address did not increment after each execution. This would allow an unlimited
number of stored program maneuvers to be performed from one command stor-
age.

3) Design a command to allow a jump loop to be performed a programmed num-
ber of times. At present, the termination of such a loop must be executed by a
real-time command transmission.

Software

The spacecraft time/ Greenwich mean time correlation (TIML)programwas run through-
out Mission II. Output of the TIML programindicated a negative clock drift. The follow-
ing changes, incorporated as a result of Mission I experience, increased the usefulness of
the TIML program.

1) For Mission I, the sum of the equipment and transmission time delays was
rounded off to the nearest tenth of a second. As the spacecraft orbited the Moon,
the variable transmission delay introduced excessive errors in the subsequent
spacecraft clock predict outputs of the TIML program. The TIMIL program now
carries out the total delay value to the nearest hundredth second. This substan-
tially decreased the errors in the clock predicts.

2) The calculations required to convert spacecraft clock time recorded on the film to
GMT values were performed manually during Mission I. An additional capability
was added to the TIML program to calculatethe GMT value corresponding to a
recorded time.

Problem Areas

During Mission II, there were several problems with equipment in or related to the
attitude control system, or in other subsystems, which resulted in non-nominal operation
of the attitude control system. Summarized below are the problems and their effects on
the mission.

Thermal Problem

Again on Mission II, spacecraft overheating was encountered resulting in operating the
spacecraft in a “pitch off-Sun” attitude for approximately 56% of the mission. There were
25 pitch off maneuvers and updates of theinertial reference required as compared to 151
maneuvers during Mission 1. The large reduction of required maneuvers resulted from
the use of improved procedures developed during Mission I. Nitrogen consumption was
further reduced for these thermal maneuvers by performing a large number of them in
wide deadband.
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Canopus Star T'racker Glint Problems

During the mission, Canopus track was lost four times, caused by ""glint” into the star
tracker. The first loss of track resulted in aborting the first attempted midcourse maneu-
ver, After this loss, the spacecraft was kept in inertial hold in roll while in the Sun to
prevent the loss of Canopus. The tracker was used only to update the roll inertial refer-
ence. Recovery of tracker lock on Canopus could be obtained by switching the tracker
off, then back on, provided that (‘anopus was still in the field of view of the tracker. As
a result of this problem, the spacecraft did not acquire Canopus in the closed-loop mode,
except in the shadow of the Moon.

(Canopus Tracker Intensity Degradation

With the spacecraft in lunar orbit, the Canopus tracker could not be operated in the Sun
without degradation of the star map voltage. A test was performed in which the tracker
was operated for longer and longer periods inthe Sun. As a result, the star map voltage
was degraded from 3.0 volts to 2.4 volts by the reflected light from the illuminated limb
of the Moon. To prevent further degradation, the tracker was operated only in the dark,
which required turning the tracker on, then off each orbit. From the results of this test,
it is evident that the tracker could not track Canopus near the illuminated limb of the
Moon without degradation to the star map voltage.

Tracker Turn-On Disturbance

During Mission I1, it was noticed that atransient spacecraft rotation occurred, usually in
all three axes, whenever the Canopus tracker was turned on. The magnitudes were ran-
dom, varying between O and 0.04 degree per second. Since the transient was measured
by all gyros, it was assumed that reaction control jets were actually firing as a result
of the programmer signal to turn on the tracker. This transient occurred throughout the
mission; it was estimated that this randomjetfiring used 0.125 pound of nitrogen during
the mission.

Spacecraft Oscillations

On several occasions throughout Mission 11 the spacecraft limit cycle rates increased five
to ten times the normal limit cyclerates for several cycles. After several cycles, the oscilla-
tion damped to normal levels. The oscillations occurred mostly in the yaw axis; however,
there were instances in which all three axes were simultaneously in this mode. Rate
changes as high as 0.011 degree per second at a switching line have been noted. These
higher limit cycle rates could be caused by sticky jets, or random noise in the closed-loop
electronies. :

3.2.3.56 Velocity Control Subsystem

Operation and performance of the Velocity Control Subsystem (V('S) was excellent
throughout the mission. Three propulsive maneuvers were conducted in support of the
primary mission, and one maneuver was conducted for experimental purposes in the
extended phase of Mission II. These were: 21.1-mps midcourse maneuver, 829.7-mps
injection maneuver, 28.1-mps transfer maneuver, and a 100-mps inclination change
maneuver.

Prelaunch propellant and nitrogen servicing operations were accomplished without diffi-
culty. There were 276.99 pounds of propellant loaded, as were 15.15 pounds of nitro-
gen. The spacecraft launch weight was 855.22 pounds. Based on these weight data, the
nominal velocity increment capability of the VCS was determined to be 1017 meters per
second with a 3-sigma tolerance of =43 mps.
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I'light data performance analyses (see Table 3.2-14) indicate that the rocket engine de-
livered an average thrust of 101 pounds duringthe midcourse and orbit injection maneu-
Vers.,

'Table 3.2-14: Velocity Control Subsystem Maneuver Performance - Mission 11

Velocity A Burn Specific
Change Time Thrust Impulge
(mps) (sec) (Ib) (Ib-sec/1lb)
Midcourse
Predict 21.1 18.4=0.6 100 276
Actual 21.1 18.1 100.5=0.5 276.5=0.5
Injection
Predict 829.7 617.7=10 100 276
Actual 829.7 611.6 101 276
Transfer
Predict 28.09 17.5+=0.9 101.5 276
Actual 28.1 17.4 102.25 276
Inclination
Change
Predict 100.0 62+2.5 98.7 276
Actual 100.0 61.3 100.1 276

Delivered thrust was 102.25 pounds during the orbittransfer maneuver; this higher value
was caused by large ullage volumes and the time required for tank pressures to decay
from the regulator lockup value. Average delivered thrust was determined to be 100.1
pounds during the inclination change maneuver, which wasconducted subsequent to com-
pletion of photo readout; this value is slightly lower than orbit transfer because the nitro-
gen supply shutoff squib had been actuated and the maneuver was conducted in a “"blow-
down’ mode; tank pressures were not maintained by the introduction of nitrogen from the
supply tank and pressures decayed approximately 16 psi. The engine specific impulse was
determined to be approximately 276 seconds during all four maneuvers. A total velocity
change of 978.9 mps had been imparted to the spacecraft with a total engine operating
time of 708.4 seconds. )

System temperatures were generally in the region of 40 to 80°F throughout the flight--a
satisfactory operating regime. Propellant tank heaters were activated on 25 occasions to
ensure that the propellant temperature remained above 40°F. Total heater-on time was
1545 minutes.

Nitrogen and propellant isolation squib valves were actuated without incident as far as
the VCS was concerned; however, the Canopus referencewas lost within one frame follow-
ing propellant squib actuation. Prior to actuating the propellant squib valves, the pro-
pellant line bleed event was accomplished.

Gimbal actuators performed according to expectations. During maneuvers, the pitch actu-
ator varied between +0.1 and -0.2 degree, while the yaw actuator was generally +0.1 to
+0.3 degree. No actuator movement was observed as a result of launch-induced environ-
mental conditions. Rather than remaining in the null position, the actuators deflected dur-
ing the bleed event because the inertial reference unit was in "inertial hold,” whereas it
should have been in the “rate’’ mode. Theamount of deflection was not sufficient to cause
concern.
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'T'able 3.2-15 Propellant and Nitrogen Servicing Summary - VCS

Fuel Oxidizer Nitrogen

On-board, b 94.586 182.41 15.15
Ullage volume, cu in. 64.97 119.2 - =
Pressure, psig 45 50 3675
Temperature, °F 61 60 73

After completion of VCS servicing asshownin Table 3.2-15, the complete flight-configura-
tion spacecraft was weighted and balanced; launch weight was determined tc be 855.22
pounds. Calculations were performed to ascertain the velocity increment capability of the
spacecraft based on the aforementioned weights and the rocket engine performance as
determined from ground tests. The ""Delta V'’ capability was found to be 1017 = 43
meters per second (the tolerance is 3 sigma).

OPERATIONAL READINESS TEST

An operational readiness test (ORT- lf) was conducted on November 3, (Day 307), prior
to scheduled launch, for verification of spacecraft readiness, countdown completeness, and
SPAC/ETR integration. At power turn-on (16:07 GMT), all VCS pressures and tempera-
tures were normal. During the VCS test, which was initilated at 19:16:44 GMT, the pitch
and yaw actuators were deflected to -0.864 and +0.267 degree, respectively, and then re-
centered. Maximum engine valve temperature was 73.1°F. All events proceeded normally
through the simulated liftoff, at which time the test was terminated.

LAUNCH AND GENERAL MISSION EVENTS

The launch countdown was initiated on November 6, (Day 310) with power turn-on oc-
curing at 15:36 GMT,; all VCS parameters were normal. The VCS countdown test was
successfully conducted at 18:02 GMT, resulting in actuator motions essentially identical
to that observed during the ORT-1, and a maximum engine valve temperature of 74°F.
Vehicle liftoff occurred at 23:21:00.195 GMT. Real-time telemetry loss occurred as ex-
pected until acquisition of the spacecraft by DSS-41; the spacecraft separated from the
Agena at 23:46 GMT.

Upon acquisition by DSS-41 at 00:16 GMT (Day 311), it was verified that the propellant
tanks had been pressurized to a nominal value of 192 psia. The gradually increasing
thermal environment slowly increased the pressure levels to 193 and 197 psia, fuel and
oxidizer, respectively.

The next significant V(S event concerned bleeding the propellant lines between the engine
and the then-closed propellant squib valves. The bleed event occurred at 10:33 GMT on
November 7; the engine valves were open for 30 seconds, thereby increasing valve tem-
perature by 11.4°F as expected. It was noted that the pitch and yaw gimbal actuators
had deflected to +0.364 and + 0.267 degree respectively rather than remaining in a neutral
position. It was then discovered that the attitude control subsystem (A('S) was in the
inertial hold mode for pitch and yaw axes, whereas it should have been in the rate mode
for those axes. The sequence was not repeated because the deflections were small and
would not produce any deleterious effects. Procedures will be amplified on subsequent
missions to ensure that the proper ACS mode is in effect at the time of conducting the
bleed event. It is possible that the actuators could be deflected to their limits of motion,
draw excessive current, and be damaged if the ACS is not in the rate mode.

Preparation for a 17.9-mps midcourse maneuver commenced at 12:11 GMT on Novem-
ber 8, (Day 312) with actuation of the propellant isolation squib valves. Positive con-
firmation of valve actuation was received when propellant tank pressures decayed 2 psi
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(ullage volume increase as propellant filled the downstream lines); it was also observed
that the presence of fuel caused a decay in valve temperature of 0.9°F. At approximately
12:13 GM'T, however, loss of the (‘anopus attitude reference was observed. As (anopus
;vas not rapidly reacquired, the midcourse maneuver was aborted and rescheduled for a
ater time.

‘The midcourse maneuver for trajectory adjustment was then reprogrammed for an engine
ignition at 19:30:00 GMT and a velocity change magnitude of 21.1 mps. The maneuver
was conducted without incident and the required velocity was achieved with an engine
operating time of 18.1 seconds.

The orbit injection maneuver was programmed for engineignition to occur at 20:26:37.3
GMT on November 10, (Day 314); the desired velocity change was 829.7 mps. The
maneuver was completely successful, the desired orbital elements being achieved within the
capabilities of tracking data resolution. Engine operating timewas determined to be 611.6
seconds; engine valve temperature was 70 to 71°F during engine operation, and reached
a maximum value of 108.8°F approximately 1.5 hours following the maneuver.

The maneuver to transfer from the initial orbit to the photographic orbit was performed
with engine ignition occurring at 22:58:25.4 GMT on November 15, (Day 319). The
desired velocity change of 28.1 mps was achieved with an engine operating time of 17.4
seconds. Tracking data indicated that the desired perilune altitude was achieved with an
error on the order of 0.3 km. This maneuver completed the propulsive maneuvers re-
quired to fulfill the primary requirements of Mission II.

After completion of photographic readout, an orbital inclination change maneuver was
proposed to elevate the orbital inclination to a region that encompasses higher order
gravitational model coefficients. The maneuver would thus providetracking and engineer-
ing data in direct support of Mission C, which was being planned to be flown at an in-
clination of approximately 21 degrees. With suitable allowances for future maneuvers,
the maneuver was planned to impart a velocity change of 100 mps in a manner such as
to increase the inclination to a value of 17.5 degrees. Engine ignition occurred at
20:36:28.7 GMT on December 8, (Day 342); the desired velocity and inclination change
were obtained with an engine operating time of 61.3 seconds. At 13:44 GMT, prior to
this maneuver, the nitrogen shutoff squib valve was actuated closed; hence, the maneuver
was conducted in a blowdown mode.

SUBSYSTEM TIME-HISTORY DATA

Before presenting VCS data time histories during the mission, it is pertinent to briefly
mention the data resolution characteristics. The spacecraft telemetry system converts trans-
ducer analog signals to an equivalent number of ""data counts’; thus, the telemetry res-
olution is dependent upon how finely the transducer calibration can be subdivided. This
is indicated in Table 3.2-16.

Table 3.2-16: Velocity (Control Subsystem Telemetry Resolution

Nitrogen Supply Pressure, APO1 . . . ... ........ 16 psi/count
Fuel Tank Pressure, APO2 . ... ... ... ........ 1 psi/count
Oxidizer Tank Pressure, APO3 . . . ... .. ... ..... 1 psi/count
Nitrogen Tank Temperature, ATOl . . .......... 0.6°F/count
Engine Valve Temperature, ATO3 . . ... ... ..... 0.9°F/count
Pitch Actuator Position, ADO1 . . . ... .. ... ..... 0.02 deg/count
Yaw Actuator Position, ADO2 . . . ... ... ........ 0.02 deg/count

The above will explain some of the apparently “random” fluctuations in the following
data presentations.
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IMigure 3.2-34 presents the quantity of nitrogen gas remaining in the storage vessel at
discrete times throughout the primary phase of the mission. The gas weight data are
calculated on the basis of the storage tank’s known volume, pressure, temperature, and
compressibility factor. The data points are plotted at6-hour increments and actually rep-
resent a 6-hour average centered about the plotted time. IFor reference, a nominal mis-
sion budget and a significant mission event code is included in the plot. The actual con-
sumption rates are worthy of special mention: note, for instance, the extremely small
usage during the period between orbit injection and transfer. This results from two fac-
tors: (1) operation of the ACS in wide deadzone, and (2) small gyro drift rates, thereby
requiring only 13 maneuvers for attitude update and thermal control. Consumption dur-
ing site photography is observed to be greater than budgeted. This follows from the fact
that the nominal mission budget is predicated on photographing 11 sites, whereas, dur-
ing \lission I1 therewere 29 sites photographed. Nitrogen consumption during this period
is calculated to be 0.44 pound per day. l.ow consumption is again apparent during final
readout; i.e., 0.06 to 0.07 pound per day. Kven though the ACS was in the narrow dead-
zm:ie mode, gyro drift rates were low and only 12 maneuvers were required for attitude
update. .
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Figure 3.2-35 shows the variations in subsystem pressures during the flight. The fluctua-
tions in propellant tank pressures are essentially the result of whether the spacecraft was
locked on the Sun, or pitched off 30 to 35 degrees for thermal control. As an example,
Sun lock was maintained throughout site photography (Day 322 to Day 330) and pres-
sures gradually increased as did local temperatures (Figure 3.2-36). The spacecraft was
then pitched off during readout, and the pressure decay is due solely to the decreasing
thermal effects. The marked decay at Day 343 is the result of conducting the inclination
change maneuver with the propellant pressurization system isolated from the nitrogen
supply. The pressure profiles throughout the mission are nominal.

Figure 3.2-36 plots subsystem temperature-time histories in a similar manner (though at
only 12 hour increments). Local temperature values were generally in the region of 40 to
80°F during the flight, varying somewhat when the spacecraft was pitched on and off
the Sunline. Propellant tank heaters were used during the initial orbital phase of the mis-
sion to keep propellanttank deck temperature (ST04 ) above a value of 40°F. The heaters
were activated on 25 occasions for a total on time of 1545 minutes, an average value of
62 minutes per cycle. All temperatures remained well within acceptable limits.
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MANEUVER PERFORMANCE

During the primary photographic mission of I.unar Orbiter 11, the velocity control sub-
system provided three propulsive maneuvers for alteration ofthe spacecraft’s trajectory or
orbital elements. These maneuvers consisted of a midcourse, orbit injection, and orbit
transfer; 878.9 mps were expended of an on-board velocity increment capability of 1017=
43 mps. A fourth maneuver was conducted at the start of the extended-mission phase to
alter the orbital inclination angle. This maneuver raised the total velocity expenditure to
978.9 mps. A summary of the subsystem performance for the four maneuvers is pre-
sented in Table 3.2-14. The orbit injection maneuver (which is the most representative)
indicates that the system had a delivered performance of 101 pounds of thrust at a
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specific impulse of 276 seconds, For comparison, the engine on Lunar Orbiter 11 demon-
strated the following performance characteristics during the acceptance test.

5-Second Test Duta T70-Second Test Data
Thrust 100.5 100.2
Specific fmpulse 281.3 279.3
Mixture Ratio 1.982 1.980

The engine acceptance test data are normalized to a standard propellant temperature of
70°1, An average value of propellant temperature (8104 ) during flight, and specifically
for the injection maneuver, was on the order of 51°1°. Adjusting the acceptance test per-
formance for actual temperatures indicates an anticipated flight specific impulse value of
276.3 pound-second/pound. ‘The agreement between predicted and actual performance is
well within the capability to “trim” the system and evaluate flight telemetry results.

Actual performance data are calculated results, since there is no measurement of engine
chamber pressure or propellant flow rates. Knowing spacecraft weight (from ~"bookkeep-
ing™ operations on nitrogen and propellant expenditures) and determining engine operat-
ing time and spacecraft acceleration from telemetry data, the analytical approach is to
assume values of specificimpulse and calculate athrust value that will match the accelera-
tion profile. Iterations are performed to converge calculated and actual accelerations,
thereby determining average values of thrust level and specific impulse. These values that
are reflected in Table 3.2-14. Tt is also possible to infer an average operating mixture
ratio: this is accomplished by adjusting flight conditions with the proper influence coef-
ficients, then comparing with acceptance test data. From the orbit injection maneuver, the
estimated operating mixture ratio was found to be 2.005.

A cursory analysis of DSIF tracking data during propulsive maneuvers has been con-
ducted by trajectory determination personnel to evaluate the velocity maneuver accuracy.
Spacecraft telemetry data does not verify the accuracy of a velocity maneuver--only that
the flight programmer has properly counted a specific number of accelerometer pulses.
‘I'racking data is required to ascertain the actual velocity change magnitude. T'he tracking
data uncertainty in velocity determination is on the order of =0.1 mps. P’reliminary data
analysis did not indicate any greater errors.

I'igures 3.2-37 and 3.2-38 present V('S telemetry data obtained during the orbit injection
maneuver; Figure 3.2-37 shows pressure and temperature data, and I'igure 3.2-38 plots
dynamic data in the form of gimbal actuator positions and accelerometer output. These
data and their trends are nominal and as expected.

The orbital inclination change maneuver that was performed at the start of the extended
mission was conducted in somewhat of a nonstandard manner. Prior to the maneuver,
the nitrogen supply shutoff squib valve was actuated, thereby sealing off the propellant
pressurization system from any further nitrogen supply that would be required for the
maintenance of nominal pressure levels. This was done to provide the maximum amount
of nitrogen for extended-mission ACS usage. Under a blowdown mode of operation, it
was predicted that propellant pressures would decay approximately 16 psi. At engine igni-
tion, fuel and oxidizer pressures were 195.1 and 195.2 psia, respectively; at engine cutoff,
these values had decayed to 176.7 and 177.0 psia. The blowdown process results in a
decrease in ullage gas temperature; hence, it is to be expected that pressure levels will
“rebound” slightly as the temperatures stabilize. One hour following the maneuver, fuel
and oxidizer pressures were 178.8 and 179.0 psia, respectively.

I'ngine valve temperature during and following each maneuver was normal. A brief sum-
mation of maximum valve temperature (ATO03), resulting from thermal soak-back, is pre-
sented in Table 3.2-17.
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Table 3.2-17: Fngine Valve Temperature Maximum Soak-Back
Mideourse . . . . oL oL 95.5° 1
Orbit injection . . . ..o o000 108.8°1°
Orbittransfer . . . ... ... ... ... .... 102.0°1
inclinationchange . . . . . ... ... ..... 104.7°1

The maximum value generally occurred approximately 90 minutes after maneuver com-
pletion.

The gimbal actuator motions presented in Figure 3.2-38 are considered to be typical. ‘The
average deflection trend during the maneuver reflects the motion of the spacecraft’s center
of gravity. Table 3.2-18 summarizes actuator position before and after each maneuver.

I'able 3.2-18: Gimbal Actuator Position
Pitch (degree) Yaw (degree)
Pre- Yost- Pre- Post-
[.aunch 0.006 0.006 0.079 0.055
Midcourse 0.364 0.095 0.243 0.197
Injection 0.073 -0.106 0.173 0.243
'Transfer -0.084 -0.017 0.290 0.079
Inclination Change -0.039  0.006 0.079 0.173

‘I'he slight discrepancies between the conclusion of onemaneuver and the beginning of the
next are reflections of the data resolution characteristics as shown in ‘I'able 3.2-16. The
deflections indicated between launch and midcourse are the result of conducting the bleed
event while in inertial hold as discussed previously.

COMPUTER PROGRAM PERFORMANCE
TRBL

A program change to TRBL was made after Mission I to determine the rotation angle
(CDO1) and corrective boresight maneuvers for the high-gain antenna where the space-
craft was being flown “off the Sun.” The program change was accomplished by the opti-
mal inclusion of one additional chain link. Previously TRBL was only used by the atti-
tude control subsystem group; however, during Mission Il it was also shared by the
communications subsystem group.

The program change consisted of essentially thesamelogic used in the “‘rewritten” (ORI
program from Mission 1. This consisted oftakingthe vehicle attitude, i.e., roll, pitch, and
yaw, and transforming the INTL/LIFL trajectory data in accordance with the attitude
that the vehicle had assumed. The antenna rotation angle and corrective maneuvers were
then computed from the transformed trajectory data.

The program ran successfully during the entire mission and no changes are planned
prior to Mission IIL

SGNL

The SGNL program operated successfully throughout Mission II. The calculations per-
formed by the program fell well withinthelimits allowed. The program output consists of
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two parts: predicted signal-to-noise ratios and antenna rotation angles ((DO1). Some
examples of predicted versus actual signal-to-noise ratios follow:

CISLUNAR CRUISE

GM'T 312:01:08

MODE1 DSS-41

I'redicted Actual Tolerance
SNR SNR
31.8db 32.6 db 9.9
M o b

LUNAR ORBIT
GMT 315:07:00
MODE 1 DSS-41

Predicted Actual Tolerance
SNR SNR
26.6 db 27.0d .9
b +z ; db

LUNAR ORBIT
GMT 316:15:00
MODE 2 DSS-12

Predicted Actual Tolerance
SNR SNR
17.2db 17.1 db 3.
+3.8 db
-1.9
CDO1
Predict 359 degrees
Actual 358 degrees

The 1-degree difference between the predicted and actual value of CDO1 could result in a
variation of not more than 1 db in the signal-to-noise ratio. That is, if CDO1 had been
359 degrees (the predicted value) instead of 358 degrees, the actual SNR may have been
as high as 18.1 db. During the mission, it was found that 1-degree changes from the
predicted antenna pointing did not result in significant signal level changes.

The predicted antenna rotation angles (CDO1) resulted in DSS-received signal levels that
ranged from -92 to -96 dgm. This rangeof signal levels was as expected with the vehicle
locked to the Sun-Canopus reference.

Since SGNI. is operating satisfactorily, no changes are planned for Mission 11l

3.2.3.6 Structures and Mechanisms Subsystem

The spacecraft structures performed as planned by producing a stable, rigid platform for
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the spacecraft equipment and for extension of the antennas and solar panels, which per-
formed as programmed during the boost and acquisition phase of the flight.

The camera thermal door performed as intended. Asindicated in Section 3.2.3.1, "' Photo-
graphic Subsystem,”” incomplete closure of the camera door after launch was suspected,
but analysis of flight data indicated proper door operation.

‘The ordnance devices for deployment of the antennas and solar panels and to actuate the
fuel and oxidizer valves all operated as scheduled.

(‘anopus track was lost after firing thepropellantsquib valve in preparation for the mid-
course maneuver. This resulted in rescheduling of the midcourse maneuver as outlined in
Section 3.2.3.4, " Attitude Control Subsystem.”

THERMAL CONTROL

No significant thermal anomalies occurred except the EMD thermal coating degradation
similar to that experienced with Lunar Orbiter 1. Degradation of the thermal coating
caused no impairment of the spacecraft mission objectives because its effect was offset by
pitching the spacecraft off the Sun line, thus maintaining temperatures at the desired level.

Thermal Coating Degradation

With the spacecraft EMD normal to the Sun vector, high temperatures developed. This
was due to degradation of the thermal coating from ultraviolet radiation and low-energy
protons.

The extent of degradation that occurred during Mission I1 was larger than anticipated
from laboratory tests of coating samples. This experience was similar to that of Mission
I. Figure 3.2-39 shows thermal coating absorptance data for Lunar Orbiter 1 and II
compared to data from samples tested at Hughes Aircraft Corporation. The solar ab-
sorptivity was calculated using data from telemetry measurements ST01 and ST03. See
Figure 3.2-39.

Because of the excessive thermal coating degradation experienced during Mission I, a
new coating was applied to Lunar Orbiter 11, which laboratory tests indicated would give
superior performance. The new coating was an overcoat of $-13G material developed by
llinois Institute of Technology Research Institute on the original coating of B-1056, as
used on Lunar Orbiter 1. The actual performance was superior to that achieved in Mis-
sion I, though not as good as expected.

Table 3.2-19 compares the thermal coating properties of the two spacecraft at Orbits 20,
71, and 186. The data show an increase in absorptivity throughout Mission 1I. The
rate of degradation was initially lower in Mission II, but increased to a higher rate at
Orbit 186.

Although the degradation rates are not a major problem during a 30-day mission, they
will impose a limitation during a 1-year extended-life mission. As the EMD is positioned
farther from the Sun vector, the incident solar energy is correspondingly reduced on the
solar panels, limiting the amount of electrical energy available for operating the space-
craft subsystems.

Paint Sample Performance
Four paint sample coupons were attached to the exterior and located near the outer
periphery of the EMD on the + Z axis. These thermal coating samples included one sil-

ver second surface mirror, B-1056; B-1056 with an overcoat of S-13G; and B-1056 with
an overcoat of B-1059. Figure 3.2-40 showsthepeak temperature of the coupons as they
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Figure 3.2-39: Thermal Coating Absorptivity Degradation from Solar Radiation

occurred each orbit through Orbit 73, at which time the peak temperature occurred during
Earth occultation. Telemetry data from thermistors STO1 and ST0O3 are shown for com-
parison.

''he mirror coupon ran considerably below the paint coupons but was not shown on the
chart.

The telemetry coupon temperature data received from the spacecraft was higher than ex-
pected, based on laboratory samble coupon tests and inflight coating radiation charac-
teristics determined from EMD thermistors STO1 and ST03. Hence, it may be assumed
that the coupon samples were gaining additional energy from one or more of the follow-
ing sources:

e Conduction from the EMD structure;

¢ Reflected solar radiation from the EMD;

® Thermal radiation from Solar Arrays 2 and 3;

® The B-1056 surface surrounding each of the test coupons. The coupon mount

will degrade more rapidly than any of the test coupons. The resulting higher
temperatures may well be the source of the energy.
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‘Thermal energy gencrated by clectrical current in thethermistor, approximately 1/10,000
walt, does not appear to be significant,

Since the coupon temperature data is known to be in error, calculation of coupon a val-
uces is not possible at this time. Further analysis will be required to determine the magni-
tude of the correction factor required to transform the coupon sample temperature data
to coupon sample radiation characteristics.

‘Table 3.2-19: 'Thermal (oating Properties ( Selected Orbits)

L.O. 11 L.O. 1 Sample
Nolar
Absorptivity (ay) 0.245 0.275 0.242
Solar
Absorptivity de,
Rate of dt
Degradation 0.0208/100 hrs. 0.0263/100 hrs. 0.012/100 hrs.
ORBIT 71 Hughes Tested
L.O. 11 L.O. 1 Sample
Solar
Absorptivity (as) 0.262 0.281 0.248
Solar
Absorptivity das

Rate of dt
Degradation 0.014/100 hrs. 0.01/100 hrs. 0.004/100 hrs.

ORBIT 186 Hughes Tested
L.O. 11 L.O. 1 Sample
Solar
Absorptivity (as) 0.298 0.307 No Data
Solar
Absorptivity da,

Rate of dt
Degradation 0.011/100 hrs. 0.0087/100 hrs. No Data

Thermal Effect of Micrometeoroid Impacts

Thermal effects of the three micrometeoroid impacts werenot detected. The major possible
thermal effects of such activity are an increasein EMD thermal coating degradation, and
damage to the thermal barrier. Degradation of the thermal coating was continuous and
uniform, with no abruptchangesinrateaswould be caused by a micrometeoroid shower.
Thermal barrier damage was insignificant, based on no significant change in X-axis tem-
perature gradient.

One temperature telemetry sequence observed on channel ST04 located on the tank deck
may indicate that a micrometeoroid penetrated the spacecraft. Approximately 30 seconds
after sunrise in Orbit 39, ST04 temperature increased for approximately 4 minutes, and
then decreased toits normal value. Thisis shown graphically in Figure 3.2-41. A possible
explanation for this curve is amicrometeoroidimpactnear ST04 thermistor, with kinetic
energy converted to thermal energy.
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‘Thermal Design Changes

Changes in thermal design between Lunar Orbiters [ and I include the different EMD
thermal coating, and addition of a nonreflective coating on the low-gain-antenna boom.
Addition of the four thermal coating samples to the EMD had little effect on thermal per-
formance of the spacecraft, as only about 16 square inches of EMD were covered.
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The difference in the thermal coating of the KM was the addition of a 3=1.5 mil thick
S-130G overcoat to the basic 8 to 10 mil B-1056 coating. The low-gain antenna boom of
Lunar Orbiter 1l was painted black to reduce light reflection to the star tracker. There
was no detectable effect on spacecraft temperatures.

‘The data in "T'able 3.2-20 show peak temperatures for selected telemetry channels during
Mission I1,

Locations of the telemetry sensors shown on the chart are indicated on Figure 3.2-42,

VIBRATION DATA

The flight vibration peak responses associated with Mission I were less than the test

peak response envelope. (‘omparison between flight and test data is shown in / i
I, Volume V'] of this document. 8 own in Appendix

Table 3.2-20: Orbital Peak Temperatures

Angle
Orbit {STO1STO2ISTO3ISTO4! CTO1 [CTO2: PTO6 {PTOT|PTO8 ET02 | Off Sun (omments
Orbit
Injec-
tion |65.4 | 88.6 | 84.6 | 53.9 89.7 | 61.3158.7]60.4}111.8 6
1 63.5{84.1181.9{51.7 8501 61.01596161.21105.1 1 (in-Sun ! Start Initial Orbits
2 62.1]78.8]79.9| 50.8 81.0 | 59.5{59.0/60.7} 957 Tank Heaters On
86 min.
3 61.6176.8|79.4|57.1 794 | 59.1| 58.7| 60.9| 92.2
4 62.1]176.8{79.453.0 79.4 | 59.5| 58.7| 60.9{ 91.9
5 62.1}176.3179.4]56.6 79.0 | 59.5]|59.0] 61.2] 91.2 Tank Heaters On
6 62.6 | 76.8 79.9( 53.0 79.4 | 59.8| 59.3| 61.2| 91.2
T 62,6} 76.8|80.4 j52.1 79.4 | 60.1}159.3]| 61.5| 90.9
8 63.1] 76.8180.4157.5 79.4 | 60.1]159.6] 61.7} 91.2 ;ank Heaters On
min.
9 63.5177.3{80.4 539 79.8 | 60.7(59.9} 62.0| 91.2
10 163.5177.3{80.9152.6 79.8 | 60.7159.9} 62.0] 91.2 Tank Heaters On
101 min.
11 64.0]77.8180.9}58.5 80.2 | 61.0]60.2] 62.5] 91.5 TWTA On 42 min.
12 81.3178.3181.9154.81165.3|81.0 | 67.1164.1164.5| 922
13 64.9]78.8181.9153.9 81.0 | 63.3162.464.2] 92.6 TWTA On 37 min.
14 80.7(78.8182.5153.0]163.1| 81.0 | 784|65.8! 659! 92.6
15 353.4179.3182.5153.0 81.4 § 64.0}163.1164.8} 92,6 Tank Heaters On
131 min.
16 635.9179.8182.5|59.8 81.8 | 63.3|62.1}64.2] 93.9 38
17 53.7166.6{70.6 | 54.4 71.2 } 56.758.1]160.7| 79.8| On-Sun gsank Heaters On
min.
18 64.5176.3180.41}57.5 78.2 | 60.7159.6| 61.7] 88.8
19 65.9]179.3(81.9)54.8 81.0 | 62.0160.8] 62.8} 93.3
20 66.4 180.3]82.5154.4 81.8 | 62.6{61.5|63.4] 94.6 32 Tank Heaters (In
24 min.
21 56.5 | 68.5}172.5|53.9 72.9 | 57.9159.0)60.9| 828 Tank Heaters On
120 min.
22 536.0 166.6172.0 |59.4 70.8 | 56.7}57.5{59.9| 79.0 32
23 56.53 166.2172.0157.1 70.0 | 56.5156.9] 59.1| 794 | .
24 57.0167.172.5 | 58.5 70.8 | 566.7|57.2|59.1] 79.4 ;gnk Heaters (n
min.
25 38.4 169.0173.9]58.9 72.0 | 57.3}157.5{59.6| 81.7 ;‘sank Heaters On
min.
26 58.8170.4174.9]58.0 73.3 | 57.9|58.1]60.1] 83.5 ;rémk Heaters (n
min.
27 59.8171.4175.9]59.4 74.1 58.5]158.7160.7| 84.9
28 60.2171.9(76.4|54.4 74.5 59.1{59.0|/ 609 856
249 39.8172.3176.4|58.5 74.5 59.5159.3| 60.9] 85.6 Possible \icrometeoroid
30 61.2172.8({77.3158.9 75.3 59.8159.6] 61.5| 86.3| On-Sun | Hit at STU4 Recorded
31 67.8 180.9 183.5]55.7 81.8 | 63.3]71.8]/63.4| 957 \licrometeoroid Hit
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Table 3.2-20: Orbital Peak "I'emperatures (Continued)

Angle
Orbit [STOLSTO2]ST03[8T04] €101 | CTO2 | P1O6 [ PTO7|PTOS] K102 (m%un Comments
32 68.8]| 83.5] 85.1} 65.7 83.8 ) 64.6] 63.1] 64.8] 99.1
33 69.21 84.61 85.71 55.7 84.6 | 85.7| 63.7] 65.4] 99.5
34 69.2) 84.11 85.1| 55.7 84.6 | 65.7] 64.1] 65.4] 98.8 Deboost to Final Orbit
35 69.2] 83.0| 85.1 55.7 84.2 | 66.3] 63.71 65.4] 96.0
36 69.2| 83.0( 85.1| 55.7 838! 85.3] 63.7| 65.4} 95.0 36
37 69.2182.5]85.1]55.3 83.4 | 85.3| 63.7] 65.4] 95.0
38 54.2|167.1171.5{51.7 71.6 { 57.9| 69.3| 61.5{ 79.4
39 51.41625]|68.7{ 51.7 67.0 | 55.3| 56.6| 58.6| 73.0 Tank Heaters On
30 min.
40 51.9]61.6169.6]52.1 66.2 | 89.1| 58.4| 58.6| 71.8 36 Tank & Photo Duy
41 51.4]161.1]69.2]52.1 65.4 | 60.4] 59.3| 589.6] 70.6 Heaters On 40 Min.
42 51.9161.6]70.1]62.1 68.2 | 80.7] 599|594 74.7 Tank Heaters On
40 Min.
43 [5281629]|71.1]|526 67.0 | 61.3160.2)59.6] 74.4 Tank Heaters On
40 Min.
44 54.7[63.9|71.1(53.0 674 | 62.0160.8160.1}1 74.4 30 Tank Heaters (On
43 Min.
45 84.7164.8}171.8{53.0 67.9 | 62.0160.8}604| 75.7 g‘;nk Heater On
Min.
46 55.6165.7|73.4|53.5 69.1 { 68.2166.1]164.5} 77.4 Solar kclipse On
Between Sunset &
47 156.56166.2|73.9{564.4 69.1 { 68.9167.9({656| 778 Sunrise Fach Orbit
48 57.9]167.6 | 74.9 | 50.8 70.4 | 68.9/67.9/656.6] 79.4
49 [87.9]168.1|74.9149.9 70.8 | 68.5167.9]65.9]| 80.5] On-Sun
50 169.7|80.9(85.1]|52.1 806 | 69.7|67.6/67.4; 93.9
51 71.2|85.2[87.3|83.9 8461 70.0167.9168.3] 99.5
52 72.2]186.31{87.9]54.8 858 | 69.7/168.7169.6| 94.1
53 |87.3]186.3]88.5|553|169.9] 86.2 | 74.4|71.7{ 71.4] 100.2 TWTA On 35 min.
54 88.5186.8|89.1]56.2] 171.1| 86.6 | 74.8] 71.7{ 71.4] 100.5 TWTA On 37 min.
85 88.5(186.8/89.11566| 171.1] 87.0 | 74.8] 71.3] 70.8] 100.5 TWTA On 30 min.
56 |86.7}86.889.1|566 168.7| 87.0 | 74.0; 70.9| 71.1] 100.5 TWTA On 26 min.
57 87.3|86.8{89.1}157.1]{ 168.7| 87.0 | 74.0170.9}| 71.1{ 100.2 30 TWITA On 29 min,
58 |86.7]86.8}89.1]67.1| 167.5] 87.0 | 74.0] 71.3| 71.1| 100.5 TWTA On 25 min.
59 |75.1|87.4|89.6{57.56] 158.1} 87.4 | 724|70.6[ 71.1]101.2 TWTA On 33 min.
60 175.1188.0]89.6|57.5| 162.1} 87.0 | 72.4|70.6| 71.11101.8 TWTA On 31 min.
61 75.6 | 88.6 [89.6 | 57.6]| 163.1| 87.8 | 72.4[70.9| 71.4}101.6 TWTA On 37 min.
62 76.1188.6190.2)58.0] 164.1| 88.6 | 72.8]70.9}71.4| 1020 TWTA On 38 min.
63 76.1 | 88.690.2|580] 167.6] 874 | 72.8[70.9{71.4]|102.0 TWTA On 36 min.
64 76.6 | 89.1 {90.2 | 58.5] 168.7| 87.8 | 73.6]71.3|71.8)102.7 TWTA On 48 min.
66 76.6189.1 190.8|58.5| 169.9] 88.6 | 73.6]| 71.3{72.1{102.7 TWTA On 46 min.
66 77.1189.7]190.8)58.9| 168.7| 88.6 | 74.0|71.7]72.1]103.0 TWTA On 42 min.
67 T77.1189.7190.858.9| 167.6] 89.0 | 73.6171.7}172.1]1103.7 TWTA On 40 min.
68 77.6190.3 190815891 171.21 80.0 } 74.0|71.7})72.1]104.1 TWTA On 48 min.
69 [78.2(90.3{91.4]59.4] 172.5] 89.3 | 74.4{72.1| 72.4}104.1 TWTA On 50 min.
70 17821909 191.4|5894] 173.8] 88.3 | 74.4|72.1| 72.7|104.8 TWTA On 54 min.
71 787(90.9191.4[594] 173.8] 89.3 | 75.2|72.5| 73.1{ 105.1 TWTA On 49 min.
72 78.7191.5192.0]59.8] 173.8] 89.7 | 75.2]72.9] 73.1105.1 TWTA On 49 min,
73 79.2[91.56192.0(59.8] 173.8| 90. 76.7173.3] 73.7]105.1 TWTA On 49 min.
74 79.2{91.6 {92.0159.8] 175.1] 80.1 | 76.1]73.3] 73.711056.1 TWTA On 50 min.
75 79.7191.8 [92.0{60.3]| 176.5] 90. 76.1; 73.7| 73.7| 1058.5 TWTA On 49 min.
76 180.2 92,1 192.6)60.3]176.6] 0.5 | 77.0]| 74.6] 74.4 [105.8 TWTA On 54 min.
17 80.2 1921 192.6 {60.3] 176.6| 90.5 | 77.4|74.6] 74.7 | 106.2 TWTA On 52 min.
78+ (76.1186.3187.9160.31177.9}1 90.9 | 77.2175.0}75.1108.5 TWTA On 51 min.
79+ |75.6 [85.2 187.3|60.3[177.9] 90.9 | 77.9] 75.4| 75.4 | 106.9 TWTA On 51 min.
80 * [48.6 [68.1 {66.4 | 58.56| 176.5] 854 | 67.4|73.3|75.4]106.2 TWTA On 50 min.
81*167.377.8]79.9]1603}176.5| 90.5 | 74.8|75.8]76.1|107.6 TWTA On 50 min.
82* 162.6175.3176.4160.31171.2] 90.1 ] 73.2]75.8)76.1]108.0 TWTA On 29 min.
83* |60.7/74.3|74.9160.3|172.5! 89.3 | 72.0|74.6| 75.1 | 107.6 TWTA On 37 min.
84 {57.917281{73.0}1598(173.8| 83.0 | 70.0[73.7| 74.7]1107.6 TWTA On 37 min.
85+ |55.6(71.9|71.1|598]172.5| 88.6 | 69.3|73.7]75.1]107.6 TWTA On 34 min.
86°% [55.1(71.9(71.159.8]|172.5( 88.2 | 69.3{73.7{74.7[108.0 30 TWTA On 39 min.
B7* |50.9169.9(68.2]|594|177.9] 87.0 67.4]|72.9|74.71108.0 TWTA On 51 min.
88 * 140.6 | 69.0 166.9 |569.4 | 173.8| 86.6 | 66.7|72.5|74.7|108.0 TWTA On 32 min.
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Table 3.2-20: Orbital Peak ‘I'emperatures ( Continued )

N Angle
Orbit [STOLHSTOZ2ISTO3IS'TO4] CTOL [ CPO2 117706 HYTOTH'TOS 1102 | O Sun Comments
89 * |48.6 [69.0 166.4 [58.4 [173.8] 86.2 | 66.7[72.5]74.7] 108.0 TWTA On 32 min.
90 * 1454 |67.6 [64.6 | 589 (17511 85.0 | 65.7]72.1174.7}107.2 TWHA On 36 min.
9t ¢ 4541676 |164.6 |59.41]173.8] 85.0 | 6571721} 75.1} 107.2 TWHEA On 35 min.
92 * (34,0 67.1[63.7|58.9|175.1]1 84.6 | 65372117511 1069 ) TWITA On 34 min.
093 * {42.6]166.6 [62.7!5891175.1] 84.2 | 65.0]72.1] 754 106.9 TWIEN On 35 min.
94 * 139.37165.3160.9158.51175.1] B2.6 | 63.6171.3175.1 106.2 TWTA On 34 min.
95 * [39.8]65.3]60.91585]|176.5] 83.0 | 63.6171.3]75.1| 106.5 TWTA On 34 min.
96 * {37.5/64.3159.6 {58.0]176.5] 81.8 | 62.6] 70.6] 74.7] 105.8 TWTA On 34 min.
97+ [26.8]59.3152.9155.7]171.2] 75.7 | B8.2[67.6] 73.1| 100.5 TWTA On 32 min.
98 * [36.0163.9159.1|58.0[175.1] 8L.4 | 62.0]70.2] 74.4] 1055 TWIEA On 53 min.
9y * |31.2|61.656.0]53.5|173.8] 78.6 | 60.1|69.0} 73.7{ 103.0 TWEA On 33 min.
100 *34.6 ] 63.4 ] 58.2|58.0] 176.8] 80.6 | 61.7]69.8] 74.4] 105.1 TWITA On 33 min.
101 |[No | Data
102 493,91 94.0191.562.1 | 177.81 91.3 { 79.2|75.4] 75.11 102 TWTA On 32 min.
103 195.2|94.0195.1 | 62.11177.8] 91.7 § 79.7]75.4] 75.1]1 102.7 TWHA On 36 min,
104 HY5.2{94.0195.1{62.1]173.7| 88.2 | 79.7]75.4| 75.1| 100.2 TWEA On 41 min.
105 86,7 86.8 187915661 17111 86.2 | 74.8{72.5] 72.4] Y718 TWAA On 37 min.
106 *170.7] 86.7 { 86.8 | 55.3 - 85.4 | 70.4]69.4] 70.2] 97.1 No Readout
Angle

Orbit {STO1[STO2[S 1038104 CTO1 [ CT02 1 106 [ PTOTIPTO8| K'TO3 | Off Sun Comments
107 1926 | 85.7|87.3 179.31 85.0 | 76.56| 71.7 92.9 | 28 Irirst R/O

TWTA on 119 Nin,
108 192,01 86.3 87.9 179.31 854 ) 719.4]74.2 93.9 TWTA on 104 Ain.
109 92,6 86.8]87.9 180.8| 85.8 | 80.7!75.8 95.7 TWITA on 127 Min,
110 |93.9188.0} 88.5 180.8] 86.6 | 81.6}76.7 97.1 TWTA on 128 NMin.
111 |93.9188.0}88.5 180.8] 86.6 | 82.1]177.2 97.4 |28 TWTA on 135 Min,
112 ]93.9|88.6| 88.5 180.8| 86.6 | 82.1{77.2 98.8 TWTA on 136 Min,
113 |93.9)88.8} 88.5 180.8} 86.6 | 82.177.2 99.1 TWTA on 137 Min.
114 193.3|88.6| 88.5 180.8| 87.0 | 82.6]77.6 99.8 | 31 TWTA on 138 Min.,
115 }93.3|88.6188.5 180.8] 86.6 | 821 77.6 99.8 TWTA on 139 Min.
116 }92,6 | 88.6| 87.9 180.8| 86.6 | 826 77.2 100.2* TWTA on 138 Nin.
117 |93.9189.1]879 180.8] 87.0 ;| 82.6]77.6 101.2% TWTA on 141 Min,
118 (93.91849.1}87.9 180.81 87.0 | B82.1]77.2 101.6¢ TWTA on 142 NMin,
119 Dati Rad TWIA on 140 AMin.
120 193.3189.1]87.9 108.8] 87.0 | 828 77.6 102.7 TWITA on 142 Alin,
121 }93.3)89.1)87.9 180.8} 87.0 | 82.6]77.6 103.0 WA on 142 Min,
122 |92.6 | 88.6| 87.9 180.8] 86.2 | 82.177.6 103.0 TWIEA on 142 NMin,
123 192,61 88.0| 87.3 179.31 85.8 { 82.1177.6 102.7% TWHTA on 136 Nin.
124 [92.0]88.0/ 87.3 180.8] 85.8 | 82.177.2 102,0* TWIEA on 139 Min,
125 |91.4 | 87.4|87.3 179.3] 85.0 | B1.6|76.7 101,6* TWITA on 139 Min.
126 192.6 | 88.01 87.3 180.8] 85.4 | 80.7}76.7 102,74 TWTA on 140 Nlin.
127 [92.6 | 84.0]87.3 179.3) 854 | 81.6[77.2 103 7+ TWTA on 141 Min,
128 192.6 | 86.3!87.3 1RO.8] 85.0 | 83.6!1 79.0 7.8
129 Data Had . TWENA on 140 NMin,
130 Data itad TWIEA on 138 Nin.
131 [91.4 | 88.0]86.8 179.31 85,4 | 80.7176.3 103.0 TWTEA on 141 Nin.
132 1920 | 88.0] 86.8 180.8] 85.4 | 80.7{76.3 103.0 TWITA on 141 NMin.
133 |91.4 | 87.4|86.8 179.31 85.0 § 80.2| 15.8 102.7 TWIEA on 140 Nin,
134 Data Bad 33.0 TWHEA on 141 Nin,
135 191.5 | 87.5] 86.¢ 179.31 85,1 79.3 1 75.0 102.4 TWHA on 136 Min,
136 [91.5 | 86.9(85.7 179.31 85,1 T9.81 7H.0 103.8 | 33.3° Rattery Up
137 191.5] 88.0] 86.3 179.53] 85.1 8.8 74.6 103.8 TWIEA on 129 Min,
138 |91.5 | 87.5185.7 177.9] 8h.56 | 79.3174.6 104.1 | 33.4° Battery U'p
139 |91.4 ] 88.0} 86.2 179.3] 85.4 } 79.2}75.0 104.1 TWIEA on 129 Min.
140 |91.4 | 88.0] 86.2 179.3] 854 | 79.2]75.0 103.7 | 34.7° TWTA on 140 Min.
141 [90.8 | 88.0]85.7 179091 85.0 | 79.7175.0 103.4 TWTEA on 128 Nin,
142 (90.2 | 87.4(85.7 177.8] 85.0 | 79.21 74.6 103.4 TWTA on 139 NMin.
143 1902 | 87.4|85.7 177.8f 85.0 | T8.8]|74.6 103.0 TWHA on 137 Min.
144 189.7 | B6.9]| 85.7 177.9] 84.7 | 78.8174.6 102.7 TWITA on 131 Min
145 [89.1 | 86,9 85.2 176.5] 84.3 | 78.4 ] 74.2 102.0 TWITA on 137 NMn .
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‘Table 3.2-20: Orbital Peak T'emperatures (Continued)

Angle
Orbit [STOHSTO2{S O3S T4 CTor] Cro2 | proe Hrro7] pros) 1ros ()ﬁb.\'un Comments
146 [89.1 | 86.3]|85.2 176.5] 84.3 | 7841 73.8 101.6 | 36.3° TWA on 136 Min.
147 |90.2 | 86.8] 85.1 177.8( 84.2 | 78.3|73.7 102.7 | 46.4° TWTA on 135 Min.
148 190.2 | 86.8]85.1 177.8( 84.2 | 78.3]73.7 103.4 | 36.4° TWEA on 135 Min.
149 190.2 | 87.4185.1 177.8] 84.6 | 78.3|72.4 103.7 1 36.4° TWITA on 133 Min,
150 [89.6 | 87.4]85.1 177.8] 84.8 | 77.9] 73.3 103.7 1 36.5° | TW'TA on 128 Min.
151 |89.0| 86.8/84.6 176.4| 83.8 | 77.9] 73.3 103.7 | 36.7° | TWTA on 132 Nin,
152 |89.0 86.8]84.6 177.8] 838 | 77.0| 72,9 103.0 | 37.0 | TWTA on 134 Min.
153 |89.01 86.8|84.6 176.4 83.4 | 77.4] 729 103.0 | 37.3 TWHA on 133 Min,
154 [88.5 | 86.3]84.6 176.4| 834 | 77.4]|729 102.0 | 37.7 TWTA on 131 Min.
155 187.9] 85.7]84.6 176.4) 83.8 | 77.4}1725 1016 | 37.9 TWTA on 130 Min.
166 [87.3| 85.7]84.0 175.0| 83.0 | 76.5|72.1 10121382 | TWTAon 131 Min.
157 |87.3 85.2|84.0 175.0} 82.6 | 76.1|71.7 100.9 | 38.5 TWITA on 130 Min.
168 [86.7] 84.1{83.5 173.7| 82.2 | 7621713 99.1 | 38.8 TW oA on 129 Min,
159 [95.8 1] 91.5]90.2 183.8) 87.4 | 80.2]74.6 105.8 | 29.2 TWTA on 125 Min.
160 188.5| 95.3191.4 185.6| 89.3 | 82.6]76.3 112,21 28.1 TWTEA on 133 Min.
161 |99.9 | 95.9192.6 188.81 Y1.3 | 84.2| 78.1 113.9 ] 28.0 TWTA on 1131 Min,
162 {99.9 | 96.6192.6 187.1¢ 91.7 | 84.7179.4 113.6 1 28.3 TWYA on 133 Min,
163 |99.91 96.6]93.2 187.1| 91.7 | 856.7] 79.9 113.2] 28.3 TWTEA on 131 Min,
164 199.9 | 96.6]93.2 187.1| 91.3 | 85.7] 80.4 113.2 1 28.7 TWTA on 132 Nin,
1656 [99.2] 96,6(93.2 187.11 91.7 | 85.7|80.4 112.5 | 29.1 TWTA on 130 Min,
166 199.2 ] 95.9/93.2 187.1| 90.5 | 86.7] 80.9 112,21 29.2 TW'TA on 131 Min,
167 |99.2 ] 95.9]93.2 187.1f 90.9 | 85.7] 80.9 112.2 | 29.6 TWIA on 130 Min.
168 199.2 | 95.3192.6 188.8] 90.9 | 85.7] 80.4 111.8 29.9 TWTA on 128 Min.
169 {97.81 95.3]92.6 186.51 90.9 | 85.2] 80.4 111,81 30.0 TWTA on 128 Min,
170 {91.4 ) 90.3|87.9 180.8| 87.4 | 81.6] 77.6 107.2 | 36.7 TWIA on 125 Min.
171 192.6 ) 89.7[87.9 180.8| 86.6 | 80.7(76.7 105.8 | 35.8 TWITA on 127 Min,
172 [92.0| 89.7{87.3 180.8] 86.2 | 80.7]76.3 108.2 | 36.0 TWTA on 97 Min,
173 j90.8 | 89.7(86.8 179.3 ) 85.8 | 77.9| 73.7 105.8 | 36.3 TWTA on 126 Min,
174 [90.8 | 89.1[86.8 179.3| 85.8 | 79.2| 74.2 108.7 | 36.4 TWTA on 126 Min
175 [91.4 | 89.1| 86.8 180.81 85.8 | 79.2| 74.6 105.7 | 37.0 TWEA on 127 Min,
176 [90.8 | 89.1]86.8 179.3| 85.8 | 78.8/ 74.2 108.7 | 37.4 | TWTA on 125 Min,
177 190.2 ] 88.0] 86.2 179.31 85.0 | 78.8] 74.2 105.1 | 38.0 TWTA on 125 Min,
178 |89.6 | 88.6]86.2 176.4 | 85.0 | 78,3 73.7 108.0 | 38.0
179 189.0 | 88.0185.7 177.8] 850 | 77.9171.8 104.1 | 6.7
180 [68.8 | 88.0{84.6 85.0 | 66.7| 65,4 108.0 TWTA IFalled
*  Maximum value occurred during curthset. Muximum recorded reading shown

3.2.4 DATA SYSTEM PERFORMANCE

The Lunar Orbiter %round data systern consists of the components and data flow de-
scribed in Figures 3.2-43, 3.2-44, and 3.2-45. The entire system performance was
satisfactory, with only a few minor problems that are noted below.

3.2.4.1 Ground Equipment at DSS-12,-41, and -61
3.2.4.1.1 DSS ANTENNA PROBLEMS

Primarily due to overheating problems in the Masers, it was necessary at all sites to
use the Paramp in lieu of the Maser for varying durations of time. It is of interest to
note that at one time DSS-11 successfully tracked and commanded the spacecraft while
the DSS-12 Maser was being repaired. Telemetry and commands were transmitted by
microwave link between DSS-11 and DSS-12 with no noted degradation.

Intermittent failures of the antenna pointing system at DSS-41 and DSS-61 resulted in
short loss of lock on several occasions prior to resolution of the malfunction.

3.2.4.1.2 GROUND RECONSTRUCTION EQUIPMENT (GRE) PROBLEMS

Although the GRE equipment generally performed within specifications during Mission
I1, the following problems were noted at the DSS sites.
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Figure 3.2-42: Selected Telemetry Measurement Locations
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Figure 3.2-45: DSS-SFOF Ground Communications

Kine Tube Problems

o Excessive Flare - Minimized by using locally fabricated masks over the scan
line.

® Phosphor Streaking - Increased from slight to moderate during the mission.

e Density Variations Across Film - Occurred primarily at the center and at the
ends of the scan line. The variations at the center of the scan line were greatly
reduced by a GRE circuitry change that improved sweep linearity. The varia-
tions generally increased as the mission progressed.

¢ Scan Line Location - Difficulty was encountered selecting a scan line due to phos-
phor irregulatities.

Scan Line Control Problems

e Centering - It was often difficult to maintain a constant scan line length and to
keep the line centered.

¢ Focus - Uniformity of focus across the scan line was a problem. It was also
noted that the symmetry control generally had to be set almost to the extreme
CCW position at DSS-61.

3.2.4.1.3 PROCESSING AND FILM EVALUATION PROBLEMS

Generally, the processing went very well at all sites. The task of maintaining constant
solution temperatures, developer replenishment rate and specific gravity, and transport
speed was handled quite easily by the processing technicians. The densitometer and
sensitometer worked satisfactorily throughout the mission. The quality evaluation view-
er also performed well even though a few minor mechanical problems were noted with
this equipment. The processing problems were as follows.

o Filter Changes - The present methods for changing filters are awkward. The use
of shutoff valves in the supply lines would facilitate this task.

e Temperature Control - Although it was possible to keep the solution tempera-

tures within limits, DSS-61 found it more and more difficult to maintain good
temperature control toward the end of the missions.
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e Waler Streaking - This problem was particularily severe at 1D85-61. 1t is be-
liecved that it is caused by silt, precipitates, and high mineral content in the
local water supply. The water problems were aggravated during periods of
heavy or extended rains.

3.2.4.2 Ground Communication System

Ground communication between the eep Space Stations (1)SS) consists of one high-
speed data line (HSDL), three full duplex teletype ('I'I'Y) lines, and one voice line. The
communications lines for the overseas sites, Madrid and Woomera, are routed through
relay stations and the (Goddard Space Flight Center. Communications lines from Gold-
stone are connected directly to the SFOF.

The HSDI. is the primary source for spacecraft performance telemetry data. Two full
duplex T'I'Y lines serve as a backup for spacecraft telemetry data and for the trans-
mission - of command data to a DSS and the response from the DSS. The third line is
used for tracking and administrative data. The HSDL can carry 100" of the space-
craft performance telemetry data; a single T'TY line can carry 39%; and two TTY lines
can carry 87Y. Since a configuration of one or two TTY lines cannot carry all the
spacecraft performance data, the TTY lines carry only priority data. There is one two-
TTY configuration and twelve one-TTY configurations that may be used, depending on
the mission phase, to transmit telemetry data to the SFOF.

The normal configuration for telemetry data consists of the HSDL and two TTY lines.
Both sources of data are entered into the computer and written on magnetic tape (as is
the tracking and administrative data on the third TTY line). Either source of telemetry
data may be selected for processing by the computer. The processed data is written on
the master data table for user program access and may also be displayed on 100-wpm
teleprinters and/or SC-3070 high-speed bulk printers and MILGO/DYMEC plotters. The
data stream from the HSDL is usually processed unless the line is down; then one of the
TTY data configurations is processed.

3.2.4.2.1 DSS-12 GROUND COMMUNICATIONS

Ground communication between [)SS-12 and the SFOF was excellent. The HSDL was
reported down on only three occasions for a total of 21 minutes during the entire mis-
sion. All TTY lines were operating normally during these times; therefore, virtually no
data were lost from DSS-12 due to ground communications. There were no reports of
any of the TTY lines being down. :

3.2.4.2.2 DSS-41 GROUND COMMUNICATIONS

Ground communication between DSS-41 and the SFOF was good. The HSDIL was re
ported down on 16 occasions for a total of 225 minutes. The average down time was
14 minutes. On six occasions the HSDL was down for 20 minutes or more. In all
cases when the HSDL was down, two TTY lines were in operation and served effectively
as a backup. The three TTY lines were reported down on 21 occasions for a total of
300 minutes, or an average of 14 minutes each. All three TTY lines were down for
19 minutes on only one occasion. Fifteen minutes of high-speed T/M data were re-
transmitted from the FR-1400; 90 minutes of tracking data were retransmitted. Only
a negligible amount of data were lost due to ground communications problems. No
data were lost at critical times.

3.2.4.2.3 DSS-61 GROUND COMMUNICATIONS

Ground communication between DSS-61 and the SFOF was good. The HSDL was re-
ported down 13 times for a total of 238 minutes. The down time averaged 18 minutes.
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On four occasions the down time exceeded 20 minutes and once was down for 90 min-
utes. FFour times all '1"I'Y and HSDI, were down, and approximately 30 minutes of data
were lost.  The ‘I"I'Y lines provided adequate backup during all other HSDI. outages.
The three "I'I'Y lines were reported down 39 times, averaging 8 minutes each for a total
of 317 minutes. The data losses did not happen during critical times.

3.2.4.3 SFOF

The SFOIF data systems equipment consists of the central computing complex, the tele-
metry processing station (‘I'l’S), input-output (1/0) devices, and internal communica-
tions. The entire systems performed very well, losing only an insignificant amount of
the data that was received at the SFOF.

3.2.4.3.1 CENTRAL COMPUTING COMPLEX

All three computer strings were used to support Mission II. All the strings performed
acceptably. The only chronic hardware problem involved the W string, which failed to
reproduce the common environment regions correctly from disk when switching computer
strings. 'T'he computer strings were used as follows.

Computer String Total Hours ' Dual Mode 2
X 514 149
Y 377 131
w 96 32

The total amount of Mode 2 time used was 987 hours.

Dual Mode 2 was used during all critical mission phases. Only a normal amount of

randomd supporting equipment failures was experienced. These were corrected as they
occurred.

3.2.4.3.2 GRE AND PHOTO PROCESSOR

The photo data system was installed at the SFOF just prior to Mission 1I. No prob-
lems were encountered during the installation of the equipment, but the following prob-
lems were encountered during initial checkout of the system.

® Lxcessive noise in the microwave link between the mission dependent equipment
(MDE) at Goldstone and the interface equipment at the SFOF. Reworking the
grounding system of the link eliminated most of the noise.

e DC offset of the incoming video. A clamping circuit was added to the interface
equipment to clamp the incoming video to ground, thus eliminating the problem.

e Loss of sync during transitions of the video signal from black to white level.
The gains of the transmission system were lowered between the MDE at Gold-
stone and the interface equipment at the SFOF, and the gain of the final Video
amplifier was raised before presentation to the GRE. The sync pulse being trans-
mitted then remained at a constant value. The response of the sync detection
circuit was slowed to a rate which was close to that of the incoming video, en-
abling the sync detection circuit of the interface equipment to hold sync during
large transitions of the signal.

During photo readout, no major problems occurred and no readout time was lost.

Two masks were used on the GRE. Black electrician tape was placed on the kine tube
to compensate for halo effect. A second mask was designed to compensate for space-

116




craft PS signature.  The mask was placed about 3 inches from the kine tube and con-
sisted of strips of material having a density of approximately 0.35. The mask was not
in focus and so did not leave stripes on the film, but did have a smoothing effect on the
transition between the masked and unmasked area. The mask appeared to work well
on spaceeralt signals that were of a high level, but became noticeable when the incoming
video was of a density less than about 0.8. At the lower densities, the mask over-
compensated for the PS signature.

The following minor problems occurred with the processor.

e lLong heat-up time - Plumbing for the processor was not complete in time for
Mission 11, so the mission was completed with tempered deionized water. Due
to the limited temperature capability of the tempered water, heat-up time of the
processor was more than twice the normal rate.

e Chemical circulating pump failure - Several failures of the circulating pumps
occurred; one was a motor failure, and one a cracked pump housing. Pump seals
were replaced several times, but the pumps continued to leak. A large pan was
placed under the processor to catch the escaping liquid.

3.2.4.4 Software

The software system for Mission Il contained changes from the Mission | software.
The system was demonstrated successfully prior to the Mission II training exercises.
'wo relatively minor problems were discovered in the demonstration and were corrected
after launch during a noncritical part of the mission. The software system generally
worked exceptionally well. There were no serious software failures, although a chronic
data communication problem does exist in the 7044 software.

3.2.4.4.1 SYSTEM SOFTWARE

The SFOF mission-independent software system performed satisfactorily throughout
Mission I1, with one exception. This was the chronic occurrence of internal restarts
on the 7044% caused by Comm Error 01 (the 7044 has sent an incorrect response
indicating that the sense lines are down and it is not known whether it is incoming or
outgoing sense line failure) and Comm Error 03 (the 7044 has sent an unacceptable
sense line code indication that the 7044 to 7094 sense lines are down). No significant
amounts of spacecraft data were lost due to the comm errors. However, in most cases,
both the 7094 and 7044 must be restarted. FEach restart requires about 2 minutes.

3.2.4.4.2 FPAC SOFTWARE SYSTEM PERFORMANCE

Many changes were made to the FPAC software system between Missions I and II
Most of these were the result of the first operational use of the system (Mission I} in-
dicating various shortcomings and some computational inaccuracies. Each program
change accomplished preceding Mission II and its performance during the mission will
be discussed. Also, a description of the program changes that are necessary for Mission
111 is included.

Methods of data communication were added to the orbit determination program (0ODP)
to minimize data handling by operations personnel. The capability, which involves
using the OD to store specified state vectors and matrices into general input program
(GENI) where they can be assessed by the other FPAC programs, was used extensively
during Mission II. Only minor modifications will be required for future missions. These
involve better control of data storage in GENI and also minor corrections to printout
variables.
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The capability of computing camera pointing commands for photos on the farside of the
Moon was added to the software system and used for a varicty of secondary sites dur-
ing Mlission 11, The addition of SPACEL (Space l.ink) as the trajectory program for
FV'AL (photo evaluation) made the postflight analysis of photos more rapid and accu-
rate. ‘This was also quite helpful in the design of a variety of secondary sites.

A single programming error that was made evident in Mission | (start-of-burn time)
for the deboost maneuver computed by (GC11. (guidance for injection) was corrected for
Mission H and operated successfully.

During the course of Mission 1l it was discovered that the two targeting programs PMG
(post-midcourse guidance) and PIG (preinjection guidance) require different conventions
for input argument of perilune. Since this could be the cause of much confusion, a pro-
gram change has been accomplished to correct this for future missions.

A thorough check on the midcourse maneuver indicated an error present in both MCIL
and GCNMI. (midcourse command programs) involving the computations of the mid-
course maneuver, Although the effect was small, a correction has been made.

During the design of the Mission Il transfer maneuver, it was found that a description
ol the orbit prior to and following the maneuver would be of great assistance. A change
request was made to add this capability to the software system.

The programs requiring changes caused only minor losses of time in that work-around
procedures had to be developed. Generally, the entire FPAC software system performed
without any serious problems during Mission I1.

3.2.4.4.3 SPAC SOFTWARE SYSTEM PERFORMANCE

The SPAC software consists of the IBM 7094 computer programs that monitor the
telemetry from, and predict the status of, the spacecraft subsystems. It also consists of
a program that prepares and simulates command sequences to be transmitted to the
spacecraft computer and a program that coordinates mission planning. Minor changes
to several of the programs between missions resulted in added flexibility and reliability.
These included changing the primary form of output to accelerate distribution, reducing
the complexity of input to some of the programs to facilitate preparation, and introduc-
ing new capability to several of the programs to increase flexibility.

Table 3.2-21 is a tabulation of all SPAC computer programs executions. Unsuccessful
executions are divided into three groups. Input errors include mispunched input cards
and incorrect messages and option switches entered from the input console. System
errors consist of system hardware and software failure. SPAC software errors include
all SPAC software failures. The only SPAC software failure that occurred was diag-
nosed and compensated for in real-time during the mission and has been modified for
use in support of Mission C.

3.2.5 LUNAR ENVIRONMENTAL DATA
3.2.5.1 Radiation Data

During Mission 11, the radiation dosimetry measurement system functioned normally
and provided data on the Earth’strapped radiation belts and on the radiation environ-
ment encountered by the spacecraft in transit to and near the Moon. Data obtained
from the two dosimeters is shown in Table 3.2-22.

Dosimeter 1 (DF04), located near the film cassette, had a sensivity of 0.25 rad per count
with a capacity of 0 to 255 counts. Dosimeter 2 (DF05), located near the camera loop-
er, had a sensitivity of 0.5 rad per count and a similar capacity of 0 to 255 counts.
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‘Table 3.2-21:  Lunar Orbiter 1 SPAC Program Kxecution

hannd Unsuccessful Kxecutions

, Successful ) A ———
P Program lxecutions Input Errors System Errors SPAC Software Errors  Total
CRUL 1038 14 7 0 1,059
" DATL 597 30 11 0 638
* TRBL 202 18 4 0 224
’ COGL 206 12 14 0 232
SGNL 43 3 0 0 46
GASL 109 7 1 0 117
HUBL 141 7 2 0 150
QUAL 99 4 0 0 103
SIDL 22 0 0 0 22
CORL 11 2 1 0 14
COOL 50 8 0 11+ 69
UTAB 81 0 2 0 . 83
TIML 580 63 9 0 642
SEAL 135 2 0 0 137
Totals 3314 160 51 11 3,536
| et . 93.69%  4.567 1.44°, 0.317 100",

-~

Table 3.2-22: Radiation Data Record - Mission 11

GMT

311:00:25:40.8 (Nov 7)
311:00:44:29.8 (Nov 7)
318:04:15:43.2 (Nov 14)
325:20:11:7.2 (Nov 21)
325:21:05:15.9 (Nov 21)
332:16:11:07 (Nov 28)
340:16: (03-13) (Dec 6)
348:06-10 (Dec 14)
355:09-10 (Dec 21)
356:09-357:0:57 (Dec 22)

Radiation Counter

DF04
DF04
DF04
DFO05
DFO04
DF04
DF05
DFO04
DF05
DF04

New Reading (RAD)

0.50
0.75
1.00
0.5

1.25
1.50
1.00
2.00
1.50
2.25

Due to the inherent shielding of the spacecraft, the photo subsystem structure and the
2 grams-per-centimeter aluminum shielding provided the film supply cassette, it was
. estimated that solar flares of magnitude 2 or less would have negligible effect on the
undeveloped film. Flares of greater magnitude could produce fog on the film.
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Figure 3.2-46: Micrometeoroid Detector Locations

The initial #1 dosimeter (DF04) readings indicate that the spacecraft penetrated the Van
Allen Belts and received a total radiation dose of 0.75 rad at the film cassette. The #2
dosimeter (DF05) was not turned on until the Van Allen Belts were passed. From that
time until January 4, the dosimeters have recorded a normal combination of galactic
cosmic radiation and dosimeter noise.

If the dosimeter noise was constant, one could determine the galactic cosmic-ray back-
ground dose. However, the noise is a function of the temperature, and this dependence
obscures the galactic radiation dose.

Before Mission II, it was suggested by Dr. Head of NASA- ERC that a proton event
was highly probable about November 18. While the Sun was active during this por-
tion of the mission, no proton event occurred.

3.2.6.2 Micrometeoroid Data

Three micrometeoroid hits, recorded during the photographic portion of Mission II,
were recorded by discrete telemetry channel state changes recorded at:

Orbit 31 Day 319:12:45:40 DMO04 (Detector 4)
Orbit 101 Day 329:17:22:55.9 DMOS5 (Detector 5)
Orbit 159 Day 338:02:04:47 DM13 (Detector 13)

See Figure 3.2-46 for locations of the micrometeoroid detectors. Figures 3.2-47, 3.2-48,
3.2-49 and 3.2-50 show the approximate locations of the Lunar Orbiter 11 when colli-
sion with meteoroids took place. Figure 3.2-51 plots true anomaly against time for
convenience in calculations.
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The actual time of impact on Detector 5 is not known since ihe event accured during an
Ilarth occultation period. No hit was indicated at earthsat but at earthrise the dotector
recorded the impact.

Telemetered tank deck temperature data indicated a possible additional hit near the in
strumentation thermistor. See Figure 3.2-41 for the history of the ST04 thermistor an-
omaly in Orbit 29. Figure 3.2-50 indicates the spacecraft location at the time of this
inspected hit.

The increased micrometeoroid activity detected during Mission 11 may be related to the

annual meteoric shower attributed to the l.eonid meteor swarm. This meteoric activity
occurs in mid-November of each year.
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Appendix A

SUMMARY OF LUNAR ORBITER II ANOMALIES
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STAR TRACKER PERFORMANCE DURING L.O. MISSION 11

Day 312 (See Figure A-1)

The spacecraft was operating locked on Cano-
pus. Propellant squibs were fired; the star map
voltage dropped; Canopus star tracker roll error
voltage went to -4 degrees, the spacecraft inoved
a little in all axes and netted approximately
1.7 degrees off Canopus in roll. 1t is theorized
that the shock from the squibs shook a dust
particle oft the spacecraft. The sunlit dust
particle drifted past the tracker and led it off
Cuanopus. The tracker remained locked at the
minus roll limit because the tracker was still
receiving enough light (presumably off the
baffles) to keep it in the track mode. An alternate
theory is that the squib firing may have excited
a tracker vibration of higher frequency than the
tracker servo could follow.

Day 314 (See Figure . A-2)

After initial orbit injection, and after a period
of darkness in which the spacecraft was being
controlled by the tracker, the spacecraft
emerged into sunlight. Roughly 50 seconds after
getting the ‘sun presence” signal the star map
voltage peaked, then dropped to background
level, while the Canopus star tracker roll error
signal went to 4 volts. It is theorized that a speck
of dust which may have been traveling with the
spacecraft was illuminated and passed through
the tracker field of view, unlocking it from
Canopus and causing it to lock on the baffles as
before. Sun glint is discounted as a canse be-
cause of the long history of successful tracking
prior to orhit injection.

Day 315 (See Figure A-3)

The tracker had been turned on during the
lunar night, was tracking Canopus, and had been
left on after cmergence into sunlight. The
star map output dropped quite suddenly to
background level and the roll error went to
-4 degrees. In a period of approximately 8 min-
utes the Inertial Reference Unit roll error grew
steadily to approximately -2 degrees and the
star map voltage rose more or less proportion-
ately to about 1-Y% volts, and then suddenly
showed peaks near 5 volts. The star map then
resumed its upward trend for a short period
but further evidence was lost due to earthset.
The field of view of the tracker was approximate-
ly 31 degrees from the illuminated moon. It is
theorized that the abrupt rise in tracker roll
error was caused by a drifting dust particle or
moon glint and that subsequent phenomena
were cansed by moon glint as the spacecraft
drifted.

POSSIBLE MODIFICATIONS

International Telephone and Telegraph has sub-
mitted a proposal for a study which would limit
the tracker scan such that it could not “lock on”
the baffles as it now does. Although this “lock-
on” is an undesirable characteristic in the
design, in the present situation the advantage
to be gained by redesign is too minute to justify
the cost (and hazard) involved in the change.
The lock-on can be corrected operationally
by simply turning the tracker off, then on when-
ever this unwanted lock-on occurs.

One possible alternative (not formally proposed)
is imposition of a field-limiting aperture which
would cut out about half of the roll field (present
capability exceeds absolute requirements). This
would reduce the probability of tracker diver-
sion by glint by some factor (as much as 50%
under some circumstances) but probably would
not significantly improve capability to operate
near the illuminated moon.

The only correction that would really provide
operational freedom from the “anomalies” de-
scribed above would be a marked reduction in
sensitivity to off-axis light. To illustrate the
probably difficulty of accomplishing this, an
obvious step would be to provide a longer
“barrel” on the optics of the tracker. The bene-
fits would probably be less than one would
assume from a geometric comparison, so to
achieve much improvement a long tube wonld
be required. A collapsible tube which must be
oriented with an accuracy of perhaps + 1 degree
and whose mechanism must have a high reliabil-
ity would be a design problem of considerable
proportions,

RECOMMENDATION

Since the Canopus tracker does perform its
basic function of orienting the spacecraft in roll
attitude this allows closed loop mode updating.
The flight cun then be accomplished mainhy
on inertial hold with occasional updating. This
method has been proven to work well in both
flights with reasonable nitrogen consumption
and minimal operational problems. Accordingly,
it is recommended that the operational tech-
niques and updating be used for the remaining
flights.
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RANDOM FIRING OF REACTION CONTROL JETS

During Mission 11 orbits, it was noticed that
wheneves the Canopus tracker was turned on, a
rate transient occurred somewhat randomly in
all axes. The magnitudes were random between
0.0 and 0.04 degree per second. The sign is
random but tends to be positive. Since this was
measured by all gyros it was assumed that reac-
tion control jets were actually firing as a result
of the programmer signal to turn on the tracker.

The foregoing is not considered unusual.
Whenever the Canopus tracker is turmmed on
there is an error signal sent to the roll jets and
the subsequent spacecraft movement caused by
the roll thrusters may cause the other thrusters

to operate. The spacecraft inertinl ref. unit is
very sensitive to movement. This characteristic
has been noted during the spacecraft ground
testing wherein thrusters fired due to building
vibration.

Although the foregoing random firing uses less
than 0.2 pound of Ng during a mission, this is
offset by lower than predicted limit cycle rates
resulting from single pulsing, rather than double
or triple pulsing 00‘ the limit cycle control
system.

This is not considered a failure.

PHOTO SUBSYSTEM — DIFFERENTIAL EXPOSURE LEVELS

On both PS-4 (Mission 1) and PS-6 (Mission 1)
telephoto and wide-angle frames exposed simul-
taneously show density inequalities of approxi-
mately 0.3. This phenomenon was noticed
during evaluation of Mission 1 photographs.
The 80-mm frames had received more exposure
than the corresponding 610-mm frames. This
was discussed with Eastman Kodak and NASA
in early October. Approximately October 18th, a
test on PS-6 at ETR confirmed the numerical
values of the transmission difference.

On the buasis of the above and other Boeing-
Kodak telecons, a Kodak proposal was submitted
to Boeing on November 4 for the installation of a
neutral-density filter on the 80-mm camera for
exposure equalization. On December 1, NASA
directed Boeing to present technical and cost
proposals with schedule for the above by De-

cember 9. NASA further directed Boeing to
proceed with filter preparation. A January 3,
1967, NASA letter further directed installation
and test of the filters on the remaining photo
subsystems.

The filter installed was a screw-in type using
the threads already available on the front cell
of the 80-mm lens. A small hole in the metal
mount was provided to prevent pressurce differ-
ential from Luilding up during flight. The filter
itself was evaporated inconel on a glass substrate
with a nominal density of 0.20. The inconelside

- of the filter faced away from the 80-mm lens

and the other side was coated with an anti-
reflector.

This filter installation will be used on future
L.O. missions.

PHOTO SUBSYSTEM — IMPROPER 610-MM SHUTTER COUNT

Telemetered indication of shutter counts (tele-
metry channel PB (M) showed erratic operation
of the 610-mm shutter as follows:

Orbit of Camera Shutter
First Occurrence Frumes Counts
51* 8 17
51 1 2
60* 8 4
61 8 0
62 8 by
66* 8

3
*These phenomena occured only once —
the others ocenrred more than once.

Analysis of other flight data showed proper
exposure and correct number of film advances
for commanded number of exposures.

Kodak analvsis of the failure, including results
of special tests on Photo Subsystem 1A, indicat-
ed the failure was of a random nature, a degrada-
tion or intermittent failure of one or more of the
several components or connections in the first
flip-flop of the shutter counter cirenitry, Appron-
imately two  dozen nearly identical  flip-flop
cireuits performned satisfactorily during the fivst
two  Lunar  Orbiter missions.  Since  shutter




operation was normal, the malfunction was not
an operational or mission-critical failure. No

redesign or rework of follow-on units is con-
templated.

PHOTO SUBSYSTEM — IMPROPER PROCESSING

Available prints, equivalent to approximately
90% of the flight film, were examined for pro-
cessing defects other than that associated with
processor stop.

Frame
Affected Site Photo Orbit
19T I1P-1 52
27T 11S-2a 53
67T IIP-5 62
1T 1IP-5 62
75T I1S-5 64
101 T IIP-7a 76
101 WA I11P-7a 76
12T 11P-7a 76
103 T HP-7a 76
118 WA 11P-8a 80
119T 11P-8a 80
131 T 11P-8¢ 82
185 T 11P-12a 93
188°T I1P-12h 94
215T 118-17 102

In particular the film of Site [IP-7a (Orbit 76
photos) was improperly processed. Numerous
underdeveloped areas are apparent, appearing
as a mottled or lace effect. There are also two to
four streaks lengthwise that detract from the
appearance of the photos. It is suspected that
these undeveloped areas are caused by defects
in the bimat due to manufacturing defects,
bubbles, dryout, or improper contact with the

film.

No problems in the photo subsystem instrumen-
tation were noticed at any time during the pro-
cessing of this area.

The quality and quantity of photo data was not
significantly decreased.

PHOTO SUBSYSTEM - READOUT COMMAND

At the end of seven final readout sequences the
readout electronics did not turn off with the
normal stored program commands, but required
a real-time command for turnoff.

Termination of the readout sequence at the end
of each of the following seven orbits did not
occur in response to the stored program com-
mand, but required execution of one additional
real-time command, RTC 16, “readout drive on.”
In each case the readout sequence terminated
in response to the first supplemental command.

The anomalous occurrences were as follows:

Orbit No. Day & Time of
Termination (GMT)
127 333 14:29:43
128 33317:52:14
131 334 04:18:01
150 336 22:24:10
176 340 16:47:40
180 341 06:41:58
181 341 10:09:08

This is similar to problems occurring in the
engineering model which were cansed by the
backing off (reversing) of the OMS drum after
power was removed, as is explained fully in
EK Engineering Note 1.-016957-KU dated De-

“cember 15, 1965. The pressure of the spot stop
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cam on the ramp (when the OMS stops prior
to the dwell area) can cause a reverse rotation
which allow the readout electronics to turn back
on as the encoder position changes.

The focus lines were visible in the video output,
verifving that the OMS was not in the spot stop
position.

The real-time command executed caused the
video signal to turmm oft soon after initiated,
which verifies that the OMS had reversed and
had been stopped only shightly ahead of the
normal stop position. This can be caused by a
slight wear on the cam, hearings, motor-caleulat-
ed drift, slight binding of the OMS in this loca-
tion, changes in the encoder band. wear on the
encoder brushes, or shift in the encoder
setting,

“



Kodak anayvlsis, based upon available flight data
is that the phenomenon is most likely due to a
time/temperature effect on the mechanism and
lubrication, produced by the long readout
periods, resulting in a back-sliding of the gate
cam follower on the front side of the OMS cam,
causing the readout electronics to turn back on.
The failure occurred only after extended readout

periods (more than two frames), and had never
occurred after shorter test or limited flight read-
out periods.

Operational procedures for Mission I will
provide real-time backup commands for readout
turnoff, similar to Mission I1.

THERMAL CONTROL SUMMARY

The equipment mounting deck (EMD) tempera-
tures on Mission 1 increased during flight at a
rate higher than anticipated. Since the increased
solar intensity for the Mission II flight would be
approximately 6°F higher, it was apparent that
Mission I should be altered to ffy “off-Sun”
and/or the paint on the EMD should be im-
proved to accomplish the basic photographic
mission. After investigating several possibili-
ties, it was decided to overvoat the EMD on
the Mission II spacecraft with 2 mils of S-13G
paint, based on 350 equivalent sun hours of
in situ testing by Hughes Aircraft Co. on a B-
1056 paint coupon overcoated with $-13G. The
Hughes test data indicated that approximately
a 10°F improvement in spacecraft temperatures
could be expected with the S-13G overcoat.
Also Mission I1 would basically be flown “off-
Sun,” except during the picture-taking phase
of the mission, to returd the degradation of the
EMD paint. In addition to the EMD overcoat-
ing, the Mission 11 spacecraft was instrumented
with four paint coupons to obtain flight data on
the following coatings:

1) B-1056 coupon.
2) B-1056 coupon with 2 mils B-1059 over-

coat.
3) B-1056 coupon with 2 mils §-13G over-
) coat.
4) B-1056 coupon with second surface
mirror.

The S-13G overcoating on the EMD resulted in
approxinuately a 9°F improvement in the 1XMD
temperatures on Mission 11 as compared to
Mission I EMD temperatures. The $-13C over
B-1056 coupon was approximately 7°F cooler

than the B-1056 coupon and the B-1059 over
B-1056 coupon was approximately 3°F cooler
than the B-1056 coupon. The second surface
mirror temperature varied between -77°F and
+4°F during the initial orbits and between
6Y°F and +21°F by the 90th orbit. The EMD
temperature by the IRU (STO3) and the trans-
ponder (STO2) had reached 93°F by the end of
the picture taking phase of the mission.

The improved thermal control on Mission 11
has resulted in CCN 105 which overcoats the
EMD on Mission 11T with §-13G. CCN 105 also
authorizes installation of paint coupons on re-
maining spacecraft (four paint coupons per
spucecraft). The paint coupons on Missions 111
and IV ure:

1) B-1056 coupon with 2 mils §-13C over-
coat.

2) B-1060 coupon (same as
uses TMQ catalyst).

3) $-13-C coupon.

4) Surveyor white coupon.
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The paint coupons to be flown on Mission V
will be determined at a later date.

In summary, flight data demonstrates that over-
coating the EMD with $-13C and flving the
spacecraft “off-Sun” does  provide adequate
thermal control capability to accomplish the
photographic mission on future flights. Also,
the solar intensity will be less for all flights be-
tween now and November 1967, providing up
to approximately 12°F improvement in thermal
control.

TWTA FAILURE INVESTIGATION

TWTA Serial Number 18 used in Mission 11
failed 1o operate when commmanded “on™ in
Orbits 179 and 181, Prior to failure the helix
current had exhibited growth, and indication of
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step changes similar to conditions noted during
ground testing.

On December 6, at approximately 3:30 pm PST,




theé “TWTA on” command (RTC 115) was
exetitted. The collector current (telemetry
indication) should change from -20 to 0.6 ma,
and approximately 1 minute later should rise
to approximately 40 ma. This time the first
three T/M frames after the “execute’” command
showed 0.61 ma, but on the fourth frame the
collector current changed to 8 ma and continued
at this level. Bus current increased 0.5 amp at
time of the execute (approximately normal); a
normal jump of 1.3 amps 1 minute after execute
did not occur. Deck temperature (ST-01) was
59°F at turn-on.

After approximately 8 minutes “TWTA off’
(RTC 116) was executed. The collector current
did not change until seven frames later. After
seven frames tollowing the “TWTA off” execute,
all TWTA T/M indications changed to the
normal off readings.

The “TWTA on” (RTC-115) command was
executed a total of four times and “TWTA off”’
(RTC-116) was executed twice, without detect-
able change.

Command RTC-7, “rotate antenna plus one
degree,” was executed and performed to prove
that the command link was operating normally.

Station 41 reported a “glitch” in receiver AGC
after the RTC 115 “execute” command on Orbit
178. Normial condition is a rise from -138 to -99
dbm. In this case there was a momentary 10-db
drop hefore the power rose. In Orbit 179 there
was a momentary 5-db drop and the signal
strength returned to -138 dbm.

Tests on Spacecraft 1 and bench tests on compo-
nents show that the initial tum-on current has
a peak of 8 to 11 amperes, which has a duration
of approximately 2 milliseconds, followed by a
low steady-state value for approximately a
minute until the high-voltage turn-on. At this
time six rather sharp triangular spikes, each of

roughly 2 milliseconds duration and having 6
amp peaks, occur. (This is believed to be normal;
however, there is no ready explanation of why
it occurs.) This is followed by a steady-state
current of approximately 1.7 amps.

Transponder power output remained within
437 to 447 mw during the period of interest.

Orbit Orbit
178 179
EE-07 (bus current, amps)
frame # 1 3.75 3.75
2 4.12 3.75
3 5.23 3.68
4 4.00
5 4.06 Commanded
Off

6 4.00
7 4.00
13 3.56

CE-05 (Coll. current, ma)

frame # 1 -20.79

2 0.61
3 0.61
4 0.61
5 8.00
6 8.00
7 8.00
13 -20

CONCLUSIONS

(Conclusions must be recognized as tentative
.and unsubstantiated.)

There was an initial internal failure of the
TWTA power supply caused by rapid voltage
rise; this caused full bus voltage to be applied
to the transformers which supply the tube
(normally regulated to 24 volts). Complete
failure ensue(%.

30-KC SUBCARRIER OSCILLATOR OFFSET FAILURE REPORT LO-11-4 (05009)

Two 30-kc subcarrier oscillators are provided
in the modulation selector for use in different
modes of operation. During L. . Mission II
the Mode 1 and 3 oscillator was offset in center
frequency by a maximum of 110 cycles. The
specification on the component permits 90
cycles; however, the ground system was suf-

ficiently flexible to enable coutinued reception
of all signals without significant difficulty. This
change of frequency was later shown to have
occurred during ground testing of Spacecraft 5
but was not cause for rejection because measure-
ment of this frequency was not specified as a
spacecraft level test.
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Spacecrafts 6 and 7 have been checked for this
characteristic and both are well within specifica-
tion requirements (within 15 ¢ps of nominal).
Review of FAT data indicates that the frequency
change on Serial Number 09 (in Spacecraft 5)

136

was the progressive, occurred during successive
high-temperature exposures, and appurently
was stabilizing. No further action is expected
(except to check frequency before flight for all
future launches).




